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bi

BL
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CD

_CD

_C_

CDu = _U/Ul

_cD
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_CD

CDq _ q_
2U1

c;g.

_5,.
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LIST OF SYMBOLS

DEFINITION

Aspect ratio defined in Eqn. (5.3)
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Aspect ratio

Span

ComFressibility correction factor

Distance defined in Fig. 5.3.b

Distance defined in Fig. 5.3.h (single engine)
or Fig. 5.3.C (twin engine)

Number of propeller blades

Chord

Mean aerodynamic chord

Dra E coefficient

Variation of drag coefficient with angle of
attack

Variation of drag coefficient with speed

Variation of drag coefficient with rate of change
of angle of attack

Variation of drag coefficient with pitch rate
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ft

ft

ft

ft

ft

tad -I

tad -I
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Center of Gravity

Distance defined in Fig. 5.3.b (single engine)

or in Fig. 5.3.c (twin engine)

Section llft coefficient

Lift coefficient

Lift curve slope

ft

.. tad -I
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deflection

tad -I

Variation of lift coefficient with speed

Variation of lift coefficient with pitch rate"
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Variation of lift coefficient with rate of change

of angle of attack

rad -I

Variation of lift coefficient with flap

deflection angle

tad -I

Variation of lift coefficient with-elevator

deflection angle

tad -I

Variation of llft coefficient with stabilizer

incidence angle

rad-I

Variation of rolling moment coefficient with

aileron angle

tad -I

Variation of rolling moment coefficient with

rudder angle

tad -I
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Variation of rolling moment coefficient

with sideslip angle

tad -I

aC£
C£ =-- Variation of rolling moment coefficient rad -I

p 8 pb with roll rate

2U 1

C
m

Pitching moment coefficient

_C

=___mm Variation of pitching moment coefficient tad -I

a with angle of attack

C
m
o

Pitching moment coefficient at zero angle
of attack

BC

C =._..mm Variation of pitching moment coefficient tad -I
86 Em6 E with elevator deflection

BC

C =m____m__ Variation of pitching moment coefficient rad -I

mq _ q_ with pitch rate
2U 1

@C
m

Cm_ =

Variations of pitching moment coefficient

with rate of change of angle of attack

tad -1

_C
= m

c
m6 F

Variation of pitching moment coefficient

with flap deflection angle

tad -I

_C
•ffi m

c
m6 E

BC

-- Cm:Ls =

Variation of pitching moment coefficient with

elevator deflection angle

Variation of pitching moment coefficient

with stabilizer incidence angle

tad -1

vll
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n6A a_ A

ac.
n

c -Tq R
n6 R

DEFINITION

Normal force coefficient

Variation of yawing moment coefficient

with sideslip angle

Variation of yawing moment coefficient

with roll rate

Variation of yawing moment coefficient

with yaw rate

Variation of yawing moment coefficient

with aileron angle

Variation of yawing moment coefficient

with rudder angle

D IDENS 10S

rad -I

red -I

rad -I

tad -I

tad -I

C

. rc L

(Cri)e

CR

Root chord at centerline

Distance defined in Fig. 5.3.b

Root chord

ft

ft

ft

Ct

Ct i

C7 ,
+o

C

aC
.__Y_

a8

Tip chord

Distance defined in Fig. 5.3.b :'"

Factor obtained from Fig. 5.5

Variation of side force coefficient

with sideslip angle

t._ .

ft

ft

tad-I
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D
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g
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Variation of sideforce coefficient

with roll rate

DIMENSION

rad -I

Variation of side force coefficient

with yaw rate

rad -I

Variation of side force coefficient

with aileron angle

Variation of side force coefficient

with rudder angle

Diameter

Drag

Fuselage diameter at the wing root chord

Oswald's efficiency factor

Propeller in flow factor, see Fig. 5.4

Gravitational acceleration

Height

Height of wing aerodynamic center above

ground

Height defined in Fig. 4.4

Effective height above ground, defined in

Fig. 4.2 (no flap deflection) or in Eqn.

(4.13) (with flap deflection)

Height defined in Fig. 4.4

Height from wing root chord to horizontal

tall aerodynamic center

Height of wing trailing edge above ground

rad -I

rad -1

ft

Ibf

ft

ft/sec 2

ft

ft

ft

ft

ft

ft
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w

_A

h

%
power

KI

KI

K2

L

Zb

_14
W

E
cg

£H
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L
n

L
no

M

m

N

N
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N
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LIST OF SYMBOLS (Cont'd)

DEFINITION

Stabilizer angle of incidence

Thrust inclination angle

Wing angle of incidence

Correction factor for aspect ratio

Correction factor for horizontal tail position

Factor defined in Eqn. (5.36)

Empirical factor to correct for body effect on

wing lift curve slope

Correction factor for taper ratio

Empirical correlation factor in Fig. 5.8 •

Correction factor for maximum lift in Fig. 5.11

Lift

Length of fuselage

Distance defined in Fig. 5.15

Distance from the nose of the airplane to the

center of gravity

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.16

Distance defined in Fig. 5.18

Mach number

Airplane mass

Propeller normal force

Normal force

Number of engines

Number of passengers

X

• b

DIMENSION

deg,rad

deg,rad

deg, tad

lbf

ft

ft

ft

]

]

]

]
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]

]
ft

ft

]
lb

ibf " ]

Ibf .
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LIST OF SYmbOLS (Cont'd)

DEFINITION DIMENSION

q

aP
S

si

SH i

Pitch rate

Dynamic pressure

Propeller radius

Area

Area defined in Eqn. (5._5)

Area defined in Eqn. (5.37) (single engine)

or in Eqn. (5.38) (multi-engine)

rad/sec

ibf/ft 2

ft

ft 2

ft 2

ft 2

I SO

T

T

Area defined in section 5

Thrust

Thrust coefficient

Ibf

. T
T= pV2D2--"

V, U 1

V
mu

S

VROT
W

Waisle

V
C

n

Wsea t

X

-i
ac

cg

[.

[

Thrust coefficient

Airspeed

Minimum unstick speed

Stall speed

Rotation speed

Weight

Width of aisle

Cabin wldth

Nacelle width

• ..

Width of seat

X-axis, positive forward from the

center of gravity

Distance from leading edge of the wing

tO the aerodynamic center in tenths of c

Distance from the leading edge of the wing

m.g.c, to the airplane in tenths of c

xl

ft/sec, kno=s

ft/sec, mph

ft/sec, mph

ft/sec, mph

lb

ft

ft

ft
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SYMBOL

Xpilot

X !

P

x
P

X
w

ZH

ZHef f

%
Z
s

ZT

Z
w

DEFINITION

Distance from airplane c.g. to the

horizontal tail a.c.

Distance defined in Fig. 10.12

Distance defined in FAg. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Eqn. (5.49)

Distance defined in Fig. 5.3.b

Distance defined An Fig. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.3.a

Distance defined in Fig. 5.3.a

DIMENSION

ft

ft

ft

ft

ft

ft

ft

ft

ft

ft

ft

ft

GREEK SYmbOLS

A

Q

Q
o

Qi

Quarter chord sweep angle

Taper ratio

Change of a quantity

Angle of attack

Angle of attack for zero lift

Factor defined in Equation (4.4)

Factor defined in Equation (4.8)

Induced angle of attack

deg, rad

deg, rad

deg, tad

deg,rad
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GREEK SYMBOLS (Cont'd) D_NSIC::

l

I

A:/=

Y

Half chord sweep angle

Control surface deflection

Fiight path angle

Elevator effectiveness

deg, rad

deg, tad

deg, rad

[

I

I

c

aT = _b + iT

t
pow

At
e

Downwash angle

Thrust angle of attack

Total downwash angle at horizontal tail

Taper ratio of immersed wing

(see Fig. 5.3.b)

deg, tad

deg, tad

deg, tad

[
[

[

[

[

Q
P

t
U

qH
_.i=- -'-q.,

C£ 8
K m Q

27

SUB SCRIPTS

ac

A

Local angle of attack of the propeller

plane

Upwash angle

Ratio of dynamic pressures at the horizontal

tall

Ratio of section lift-curve slope to 2_

Aerodynamic center

Aileron

deg, rad

deg, tad

b

B

[ o,
C

..E

[ °
eng

[ _

Body

Body axis

Center of gravity

Cabin

Elevator

Elevator

Engine

Fuselage

[
xiil
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SUBSCRIPTS (toni' d)

F Flaps

f Flaps

FUS "Fuselage

GE

H

L

LE

LAND

MIN

MAX

NAC

P

p,

prop

PROP

R

S

t

TE

TO

V

W

1

L

Ground effect

Horizontal tail

i

Landing

Leading edge

Landing

Minimum

Maximum

Nacelle

Power

Propeller

Propeller

Propeller

Rudder

Root

Stability axis

tip

Trailing edge

Takeoff

Vertical tail

Wing

Infinitely far away

Steady state
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CHAPTER 1

INTRODUCTION

[
This report presents work performed to correct and modify a stability

[

[

L

[

!

and control computer program which was produced by the University of Y_nsas

Flight'Research Laboratory. The original program was written between May

16, 1976 and May 31, 1978 under NASA grant NSG 2145. (Reference i)

The present effort was aimed specifically at correcting deficiencies

in:

I. The executive program, including documentation.

2. The CL computation.

3. The downwash and trim computations.

dh.

4. The power effect computation.

5. Th_ output of nonstandard transfer functions.

[
[

[

[

[

6. The dynamic stability routine switches to allow for sensitivity

analyses.

7. The input methods where CL and CM may be calculated internally
o o

instead of being supplied as inputs.

8. The overall input logic in an attempt to streamline the input

format.

9. The User's Manual, including rewriting the manual to increase

program utility.

[ Furthermore, the program was to be thoroughly scrutinized in an effort

to detect and correct errors not previously identified. This latter task

proved to be monumental and, eventually, every routine (64) was examined in

deta// with changes eventually being made in all of them. In certain cases,

entire subroutines were rewritten in order to comply with existing methods

[ of stability derivative prediction. A problem which eventually surfaced as

E 1.1
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]

a result of this investigation was that, while the original routines were ]

checked individually, the integrated program was plagued with inconsis-

tencies in variable definition. For example, common blocks added as part ]

of the integration process were found to be of different ,size in differen_ _i

routines or had variables listed in the wrong order. The impact of these

errors can be better appreciated when one realizes that, in one case, the ]

wing mean aerodynamic chord was being used as the tail arm in the horizon:el

tall volume coefficient. In another case, the vertical tail sweep was no:

accounted for, and in still another case the same variable was being speci- ]

fled both in the formal argument list of the subroutine call as well as in

a common block. To complicate matters, the calling routine presumed different

definitions for this variable with attendant errors in the final output.

Havin_ discovered the nature of the predominant error in the existin__ ]

program, a major effort was directed at tracing each variable in each ]

common block. As may be expected, changes accordingly resulted in almost

every one of the 64 subroutines and functions included in this program. ]

The final computer program resulting from this study also includes

major changes to the input methodology whereby formatted input via the main ]

• program and different subroutines based on 37 read statements was changed ]

to namelist input using 3 read statements in a newly created INPUT subrou:_.ne.

The results of the present study are embodied in this basic documenta- ]

tion manual, a new User's Manual, and a separate Fortran cross reference

listing of the program. J

-I-_I REFERENCES

I.I Van Keppel, Bob,
et al

A Computer Program for the Analysis of the

Dynamic Stability Characteristics of Airplanes.

University of Kansas Flight Research Laboratory,
December 1978.
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CHAPTER 2

GENERAL INFOP__ATION AND EXECUT!%_E PROGR._!

2.1 GENERAL INFOR}tATION

This chapter briefly describes the more significant changes to the

program and then discusses the main (executive) program in detail. While

major changes in logic were made to the principal routines such as sub-

routines TRIM, POWER, CMALPA, VMCE, ROTSPD, CYBETA, LIFCRV, MULTOP,

CLBETA, CNBETA, ACEM, and CONSUR, most of these changes involved

the realignment of program logic to agree with the (original) basic docu-

ments. Changes made to the original document were for the most part cos-

metic in nature, where variables were redefined for clarity or to more

accurately represent source document (references) data, and equations were

corrected or redefined. An example of redefining an equation is the case

e

where a curve fit which was developed to represent graphical data was

replaced by the closed form equation which originally generated the graphi-

cal data.

For completeness, all of the theoretical developments of the original

documents have been included in this report as corrected. As such, Chapters

3 through 12 of this report retain a one-for-one alignment with the orlgizal

documentation. However, most of the difficulties of the original computer

program stemmed from the fact that subroutines were predominantly check_

in isolation without adequate regard for the large number of common blocks

which eventually permeated the program upon integration of the separate

.....routines. As such, all of the computer program "descriptions" and "ver_-'i -

cations" of the original documentation are omitted in this report except

those of Chapter i0. Furthermore, section 11.27 has been added to descr=.be

2.1
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the new subroutine CLOCMO and Chapter 13 to describe the new subroutines

INPUT, PLANFM, and ATMOS.

2.1.1 Major Chanses

A major effort of this study was to streamlines the utility of the

program by making it easier to use. Hence, the input format of the program

was changed from one based on formatted input where 220 variables were input

on 41 cards in i09 combinations, to one where 193 variables are input via

3 namelists. While several original variables were deleted, several others

were added. The net effect of these changes may be summarized as follows:

1. Data entry is simplified immensely. While the original method

required detailed attention to the column location of numbers
!

(particularly for integer variables), field width and location for

different operations on each data line, and proper combinations of

data line entries, the present method requires only that i data

line and 3 namelists be entered in the correct order.

2. Fifteen variables were found to be overspecified. These were

eliminated as inputs and are computed internally within the program.

However, they are echoed together with other input variables.

3. Forty-one variables specifically associated only with the computa-

tion of moments and products of inertias were identified. When

the moments and products of inertia are input (preferred method),

the variable list drops to 152. These, in turn, are clearly iden-

tilled by operation. Due to Fortran namellst features, only those

variables required for a specific analysis need be input.

4. Multiple cases may be easily analyzed for different flight condi-

- tions since only those variables which change need be _-nput. The

original method required that a complete data set be re-entered

2.2
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for successive runs.

Data input is concentrated at only 2 points in the program. A

single plain-language identification line is read in the main

program and also acts as an end-of-file locator, and 3 namelists

are read in an input subroutine. This is to be contrasted with

37 read statements dispersed throughout the original executive

routine with 1 read statement in the rotation speed routine and

2 in the dynamic stability routine.

2.1.2 Input Logic

The main program reads and echos a single, plain language, 78 character

string, identification line. If an end-of-file marker is not encountered,

program exe6ution proceeds with data entry accomplished through an input

routine. Subroutines INPUT (section 11.27) and ATMOS (section 11.29) have

been added to facilitate data entry and echo.

2.2 EXECUTIVE ROUTINE

The executive routine (main program) ultimately manages 64 subroutines

and functions. While most of the subroutine calls never proceed beyond 2

levels, calls to CLOCMO, CMALPA, POWER, VMCE, and ROTSPD result in 4 levels

of calls. (e.g. MAIN_CLOCMO_LIFCRV*DO_/NWS_SLOPE)

Only 1 computational loop exists in the executive routine where 3 passes

are made over subroutines LCDER, CMALPHA, and TRIM. _ere LCDER establishes

the control derivatives CL_ , % , CD6 , and TRIM obtains 6 to balance the.... 6 e
e e e

longitudinal moment equation. Successive calls to LCDER and TRIM are acc_--p-

lished to account for possible changes in the control derivatives resulti:4



from elevator deflection.

2.2 .i Executive Program Flow Chart J

A flowchart of the executive program is presented in Figure 2.1.

The only escape provided is the end-of-file (EOF) mark after the (only)

read statement in the executive program. Hence, the program is provided

with an automatic capability for consecutive runs where one or more varia-

bles may be changed.

2.2.2 Executive Prosram Listing

The executive program listing is provided under separate cover as

part of a complete Fortran cross reference listing.

2.4



g

g Fisure 2.1 Flowchart For Executive Program
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= 3

START

/Character
Id ent if ica t ion

Line

Yes ._

0

Output Heading /
• and Identification/

Line /

Call INPUT

Establish CD, CL,

Call CLOCMO -

Call LIFCRV _---

Compute

1
_(Loop 3 times)

Call LCDER _ ,,,

-I

Call CONSUR -

STOP

_, e, and T .
r

2.5

Read 3 namelists

and echo input data

obtain CL and Cm
o o

obtain CL
Q

CL__-_ obta._m , Cm 6
e e

cL_,, ,c% , CD_

obtain Ch , Ch6, 9__a _6



Call CMALPA __

s0

Call TRIM _"

0

C "= C
m e

C = C
m m stick

free

0

Call POWER _,

1
Include power effects

with _power-off derivatives

Call TRIM _'_

8"e+'y

me stick

fixed

Call CDALPA

obtain C and
m

stick

fixed

C
m
a stick

free

_" obtain 6E or ih

(depending on KCONT)

required to trim the

power-off case

compute power effects, for

propeller or jet propulsion

system

compute _ or _ (dependinge

on KCONT) required to trim

the power-on case

r

compute CD
e

7

]

]

I
J

!
J

7

a

m
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compute

[

C -_ compute CL
U "

[
E _ compute CL , C , CL

Ca CLADOT '_ compute CL_

E Ca_l CMADOT "_ compute Cm

E

E
2,3

E Call CYBETA -- compute"

C ,C ,._R ,C ,C

YB YBv veff YB w YBB

E
F
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Call CLBETA

Call CNBETA _,

1
Call CYPE

Call CLPP =

Call CNPP

.Call CYARE =

Call CLARE

compute

C£ , C£ ,
C£8' _WB 8H C_Sv

" compute

' Cn8 )Cn8 Cn C
w 8B nBv

compute C

Yp

compute

C£ , C£ , C£ , C£

P PWB Pv PH

compute

Cn , Cn , Cn

P Pw Pv

compute C

Yr

compute Cg , C£ , C£
r r r

w v

Call CNARE

C-_I! AILDER

compute C
n
r

' compute C£ , Cn , C

6A 6A Y6 A

Call RUDDER
compute C , C£ , C

Y6 R 6R n6 R
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0
-1

- 0

'/0

MSG: "No Input For Inertia Routine"

I

Call INERTIA ,
compute Ixx, Iyy, Izz, Ixz

I
Call VMCE _ compute Vmc, _A" 8

I
Call ROTSPD_compute Vrot, VLO , Srot, SL0,

S1

Output Flight Conditions, /

Aerodynamic Coefficient s,

Static Stability Derivatives

Inertia Characteristics, etc



_3

p

-0

Call DYNSTB_

- 1
Call LONCTF __

-2

)

<

Call LONGFR =

I

_- Call LDTF -_

- 0

-i

Call LDFR

i

Compute Dynamic Stability

Derivatives. Outputs

Derivatives and "Small

Perturbation Mode Data"

Performs and Outputs

sensitivity Analysis if

called for.

compute and output

Longitudinal Transfer

Func t ion s

compute and output

Longitudinal Frequency

Response Data

"-- compute and output

Lateral-Directional

Transfer Functions

--- compute and output

Lateral-Directional

Frequency Response Data
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CHAPTER 3

TP._

3.1 INTRODUCTION

This subroutine calculates stabilizer angle of incidence, elevator

deflection and lift coefficient of the horizontal tail needed for moment

equilibrium in cruise. The program distinguishes two cases: one in

which there is a fixed stabilizer with an elevator and one in which

there is an adjustable stabilizer with an elevator. In the first case

the airplane is trimmed with the elevator; in the second case, with the

stabilizer while elevator deflection is zero. The resulting stick

force is not calculated.

3.2 TRIM EQUATIONS

There are two unknowns to be calculated: angle of attack and

elther elevator deflection or stabilizer incidence. Therefore, two

equations are needed: the lift equation and ghe pitching moment

equation.

mg cos 7 = (CL; CL a + CL. _ + CL 6E) q S (3.1)
a iH 6E

0 = Cm0 + Cm_ a + Ci.Bi E + Cm6E_ E (3.2)

Since the airplane is considered to be in level flight, the flight

path angle is either zero or very shallow, so cos 7 " I. The zero

on the left hand side of Equation (3.2) represents the moment equillb-

_ rlum condition.

All possible power effects are assumed to be included in the above

equations. These effects are calculated in the subroutine POWER (see

3.1



Chapter F) and can be added to the stability derivatives as determined

by the shape of the airplane.

The above equations can also be written in matrix form. For the

case in which the airplane is trimmed with the elevator, they become:

CL CL 1

s _E

C C

ms m6 E

8E

-- CL iH
CL I- CL 0 iH

m

-%0 c %
mi H

(3.3)

in which:

(3.4)

The value of _ is fixed, e.g. at a value which yields minimum trim

drag in cruise.

If the airplane is trimmed with iH, the matrix form of Equations

(3.1) and (3.2) becomes:

[CLs CL _ 1IC C

ms mi H

iH

-- CL 6E
CL 1 CL 0- 6E

- Cm 6E
-Cm 0 6E

(3.5)

The value of _E will be taken as zero because it is not necessary

to have two deflections at a time for moment trim (for force trim,

]

]

]

]

]

]
i.e. zero stick force, it is different). This means that the right

hand side of Equation (3.5) is reduced to:

CL I- CL 0

-C

m 0

(3.6)

]

]

]

The solution of the matrix equations (3.3) and (3.5) can be written

as follows;

3.2



If one or more of the calculated values fall outside the limits,

appropriate action must be taken.

3.3 PROGRAM DESCRIPTION

Subroutine TRIM calculates values of iH, 6E and C_ according to

the equations described in the previous section. To let the computer

know which case it has to consider, there is a control parameter KCON_.

For KCONT = I0 the airplane is trimmed with the elevator, and for

KCONT = 12 the airplane is trimmed with stabilizer incidence.

To make the program as efficient as possible, the dummy variables

PEA, CUE, ARE and ESS are used. Values of these variables depend

on the value of KCONT. They are put into a matrix equation; the

solution vector of this equation consists of u and another dummy

variable, CS, which is either _ or 6E, depending on the value

of KCONT.

]

]

]

]

]

]

1

1

t

I

1

1

e
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I
[ (3.7)

I

I

I

!

I

If the airplane is elevator trimmed, the solution becomes:

I C _CL 1

" m6E 6E

-Cma CLa

CL CL ]

a 6E

C C

ma m6 E

_ _ iH
CL 1 CL 0 CL_

-Cm0 -C iH
mi H

(3.8)

!
In the case of trim with stabilizer incidence, the solution becomes,

with the reduced right hand side of Equation (3.5):

I

l

[

I

iol-
iH

I C -C L ]

mi H iH

-C CLam

CLa CLiH

C C

CL 1 -CL 0

-C

m 0

(3.9)

[
Once the airplane is trimmed, the horizontal tail load can be

calculated according to:

C_ ffiCL (_ + iH - ¢ + _E6E - a0H)

[
(3.10)

[ Power effects are assumed to be included in CL

%

and in c.

[ Checks are made on the limits of control surface deflections

and on the maximum lift coefficient of the horizontal tail.

[

[
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CHAPTER 4

GROUND EFFECT

4.1 INTRODUCTION

A method often used to compute ground effect is a simple one

from Reference 4.1. This method uses only height above ground and

aspect ratio as variables. However, References 4.2 and 4.3 indicate

that, among other things, the lift coefficient generated by the

wing is of great importance in determining the ground effect.

Several methods for calculation of the ground effect were compared,

and the method provided by Reference 4.5 was finally chosen for

its completeness and relative simplicity.

4.2 DERIVATION OF EQUATIONS

in this chapter the method of Reference 4.5 will be described.

Appendix A describes the other methods used in the evaluation. The

method used in Reference 4.5 is based on a lifting line theory. In

a situation where the wing is within a wingspan distance of the

ground, a system of image vortices may be set up to account for the

effect of ground proximity on the wing. The image vortex system is

set up such that =he boundary condition is met: i.e., the normal

velocity on the ground plane is zero. Figure 4.1 depicts the situation.

.......... _und Vortex

__Q: _..***o,vo**..
t

is,HI///I//_//I/11//• '//tV1///,'/////////f///////I//
Ground

/T Znage Syscem

Fisure 4.1" lmaSe Vortex System

4.1

_--_,_"7' _"7 _7-7"-[_ "' -_



The effects of the image vortex system may be summarized as follows:

I. The image vortex of the bound vortex induces a velocity

distribution in the opposite direction to the free stream

velocity, thus reducing the lift. Also the camber and

incidence of the wing airfoil are increased, thereby

increasing the lift.

2. The image vortices of the trailing vortex system induce

upwash at the wing which may be seen as an increase in

wing angle of attack.

The effect of the bound image vortex may be found by applying Helmholtz's

law which gives the decrease in speed at the airfoil:

AV - CL
-- = (4.1)
v. 8_ h/c

Q

From this the increase in angle of attack to maintain C£ may be found

• as:

CL2
Aa = (4.2)

4u h/c CLa

The effective increase in camber is proportional to AV/V_ and the chord

length, lnversely proportional to the height. By assuming that the aver-

age upwash induced by the image trailing vortex is equal to the upwash

at the mid chord point, the decrease in angle of attack to maintain CL

constant may be found as:

CLav c (4.3)
Aa = -.25 ....

V_ 2h 64_ (h/c) 2

For finite wings the effects described above are less due to the finite

lengt h of the vortices. A correction factor 8 takes this into account.

The total effect of the bound image vortex may now be found from:

4.2



cL / cL 1 \

L
where:

8 = _i + (2 heff/b)2 - 2 heff/b

_[ The effective height hef f is as defined in Figure 4.2.

" _ "_ ._"_E i •

[ - 1
L_/ll/I/////////,////li//l_,/_//H///

Figure 4.2: DefinLCion of Effective _i_hc

I The induced upwash due to the images of the Czaili_

as a reduction in angle of attack to maintain C£ c,

L A2 a = _ aa i

where: a i = CL/_

[ o - EXP [- 2.48 (2 heff/b)'768 ]

Again, 0 is a correcti n facto_ _ich ,a

vortices into account. . gene _a expr :s

trary aspect ratio is:
A2a = - oC L ( 1/CLa - l/tEa )

i The

E ......4.3.

E
[

[

(4.4)

(4.5)

The induced upwash due to the images of the trailing vortex may be seen

(4.8)

is a correction factor which takes the finite length of the

A general expression for swept wings of arbl-

(4.9)

constant:

4.3

The total effect of the ground on the wing lift is as seen in Figure



r

!

CL

/

._lU / Ground Effec_

Q

Figure 4.3: Total Effect of Ground-

Proxim£¢y on Wing Life

]

]

l
There are several other effects of ground proximity on the lift of the

complete aircraft, generally of lesser importance than the effects de-

scribed _bove. They are the following:

Io The image vortex system induces an upwash at the horizontal

=ailplane, thereby changing the lift. Also ground effect

causes a shift in the wing center of pressure which causes

a moment to be counteracted by elevator deflection. Further-

more, the image vortices of the tailplane itself causes up-

]

1

1

B

wash or downwash. All these effects are not easily calculated

and of relatively small magnitude and therefore will be dis-

regarded.

The pressure distribu=ion around the airfoil changes consider-

ably wi=hln ground proximity. The attainable C_ usually

will be decreased, which can have an important influence on

VMU. Again these effects cannot be expressed in a readily

usable format.

1

l

]
1
]
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I lift may be expressed as:

_-T"__-I , . .l-l_,_r,/__c,.

This expression provides the lift increase at con :ant

_[ To account for the effect of flap deflection ,n hE a.

ground, the following expression was derived (see Figure 4.4).

The height of the trailing edge is:

h1_ __ hac - hf (disregarding hc)

I cf "
.._ For the effective height, heff, it is seen that:.

• / _,

. t

"[ _ Y/i/,"IIIilIIIIilII16£,%%"""llll/llii
• 71Bure 4.&: Definition of Geosmtz3' Pazammterl

[

Su_uarizing, the total effect of the ground proximity on the airplane

cL1(4.10)

16hl_

This expression provides the llft increase at constant angle of attack.

To account for the effect of flap deflection on height above the

(4.11)

(4.12)

(4.13)

~]

- -:_>_- _ •
• -..- _ _-'_

:_,,_._._%

:.--._.,_._IF__-,_

:-'.4- _.a
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CHAPTER 5

P_EREFFECTS

5.1 INTRODUCTION

This chapter describes the subroutine that calculates the effect

of power on various coefficients and stability derivatives. The program

uses formulas and empirical data compiled from several references. The

effects of propeller as well as jet thrust is computed for single- and

twin-engine configurations.

5.2.1 DERIVATION OF EqUATIONS_ EFFECTS ON LIFT, PROPELLER ENGINE

The effect of power on the aircraft characteristics may be split

into two parts:

" Direct effect due to propeller forces

" • Indlrect effect due to propeller slipstream

The direct effects are the following (see Figure 5.1):

i. The propeller normal force adds to the total lift

force and moment.

2. The propeller thrust force adds to the total lift

force and moment.

The indirect forces are the following (see Figure 5.2):

3. Due to the slipstream over the wing (increased velocity),

there will be an increase in wing normal force.

4. The propeller slipstream will act as a form of boundary

layer control, thereby influencing the maximum attainable

llft coefficient.

5. Due to the increase in velocity at the tall location,

there will be a change in tail-lift.

5.1
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e

The downwash at the tail will be influenced. " }

2 J l

}

Figure 5.1: Direct effect of power • ]

]
Figure 5.2; Indirect effects of power

The total lift coefficient of the airplane may now be expressed

CL= CLprop_off+ (AC L) + (AC L) + (AC L) _ + (AC L) + (AC_) + (AC_) ]
T NP Aqw ep a_ H _e H

Wing Horizontal Tail ]
L v J % Y I

Propeller Forces Propeller Slipstream Effects

(5.l) ]

5.2
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I 5.2.1.1 EFFEC__JTOF PROPELLE________RRFORCES

The definition of tLhe geometric parameters is as given in Figur_

I 5.3.

[ -

I

t -_ _M, _' _,_ I •/ ' ycenterofg,a,,,tyJt I\Lz.

I
•, Figure 5.3.1" Definition of geometric paramete[s

I

I The contribution of the thrust vector to lift is obtained from:

(ACL) T = N (T'c/prop) sin _T (5.2)

where:

L . is the number of engines

"E T'/prop = Thrust/prop
C m

...... q SW

-a A-A

Centerlineof slipstream.....

Np _.,_r on = _h)props off + (6£__

TnnJstaxi_ _ >e_f f ' L - " I " I " h'r ..., _ ,
I i ' Az ' - - '+ I - _h

I_ / _ • ! ! _! " Bo_j,axis
lit ¢0 / _Center ofgravityJ I\Lz w

_.-xp _ _ zh .

(5.2.a)

[

[

[

% - % + % (S.2.b)
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 Rp\

bi

Centerline of propeller

slipstream

Outline of slipstream

_ tube

j - (Zs - zw) -

bi: 24 Rp2 " (Zs"Zw )2

In YZ-plane at wi,-:
quarter-chord n-,.-:=.{

aerodynamic chef: of
immersed portior -"
wing

Z
I
f

X

Aerodynamic center _ ,.r____

of immersed '_1

wing area =q14 I'_
' \ e

immersed area .
• I .,,..(bil' e

#" --7
,,_.U/"-Center ofl -"
"_'I/: / g_'_"YI

Y

= cti

'_ie (cr_ e

Yci = _" + I:._')

1 + Xie-. ),i_
2 (Cri)eci = _-

1 + lie

bu

I

S. ,, e (%., T 1(I+._)
I e
_e

b, 2
I
e

A I ----" So
I

Figure 5.}.b: I}efinitlon of geometric peremeters, single engine
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[

I

[

[ ,

[

[

[

[
Figure 5.3.c: Oef;nltion of geometric parameters, multi engine
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The contribution of the propeller normal force to the lift is

obtained from the following equation from Reference 5.1:

Sp/prop

(AC L) = N f C , a cosa T
N Y_ P SW
P 0

(5.3)

where:

f is the propeller inflow factor from

Figure 5.4 as a function of

T - (T/prop)/0V2D 2
c

(5.3.a)

!

CY_o

is a function of propeller type and

operating condition. The values for

a particular propeller family are given

in Figure 5.5. Extrapolation to other

propellers can be made by means of Figure

5.6 on the basis of the "side-force factor",

SFF. This is a geometrical propeller param-

eter, approximated by Equation(5.4_

2.0

l.S

1.6

1.4

1.2 1

/
1.0

.,//

-.2 0 .2

/
i

I
P

1.4 1.6 Ls re

Figure 5.4:. Variation of f with TC (ref 5.1)
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.4 " i

rotation ,_

.3 6/

Cy, Number of
_0 blades 6/

.2 -.[
I .1 2/

0 10 ---20 , N 40 50 60

p at 0.75 radius, d_Figure 5.5: Propeller side-force ¢oefflcien¢ (ref 5.1)

L

[ '" | I

I..40 / F--- 1 lill,.. S_¢_ --LL

[

-[

L

lli|o
[

r

[.

[

[

[

.[

040 40 60 80 100 120 140 /60

S_-h_'l tKtor. SFF

Figure 5.6: Propeller side-force coefficient
as functiol_ of SFF (ref 5.1)
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The propeller side force factor is given by:

SFF = 525 [(b/D)0. 3 + (b/D)0.6] + 270 (b/D)0.9 (5.4)

where:

b/D is the ratio of blade width to propeller

diameter and the subscript is the relative

radius at which the ratio is measured.

The local angle of attack of the propeller plane, ap, may be

obtained from:

_c

= u (%ap aT _ - ao)
a

(5.5)

where:

D

Q

is the upwash gradient at the propeller,

obtained from Figure 5.7.

aW is the wing angle of attack:

aW = ab + iW

ao is the zero lift angle of the wing

The'total effect of propeller side force on lift may now be

calculated as follows:

Using HP 65 curve fitting routines, the following approximations

were found:

f _ 0.652 + 1.183 LN (Tc + 1.3)

•657

CF_ - 0.01380.75+{0.0125+o.ooi125 80 .75 } (BL-2)

0

(5.7)

(5.8)

5.8
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where:80.75 is the blade angle at 75% of the propeller

l radius (in degrees)

C , actual prop
Y_

-[ n 0 ; = -2.938 + 0.901 Ln(SFF_ (5.9)
u. , rer prop _ /

• _o

"[ %e X ,-1.8141 .

-_au ffi-0.i136(C-_-i) - 0.027 (/R - 4) (5.10)

[ L, i
[ 11 1 Iii!

,., I']!I I, 1lI "_" "
" I //_4", 2" I I/ chord I

[ Figure 5.7: Upwash gradient at plane of symmetry for
unswept wings (ref 5.2)

[

[
[
C
[
[

. .

5.2.1.2 EFFECT OF PROPELLER SLIPSTREAM_ INCREASE IN DYNA.MIC PRESSURE

The contribution of power to llft due to change in dynamic pressure

on the immersed portion of the wing is obtained from the following

equation from Reference 5.2 :

[
5.9



where:

K1 is an empirical correlatio n parameter for

additional wing lift due to the power ef-

fects. May be obtained from Figure 5.8.

Aq W
is the increase in dynamic pressure due to

propeller slipstream on the immersed portion

of the wing, as given by Equation 5.12:

m

Aq W SW (To/prop)

R2

(5.12)

Si/pro p is the portion of the wing immersed in the

propeller slipstream (per propeller), ob-

rained from+Figure 5.3 with:

" Si/pro p bi/Pr°P= (er.) (i + X.l )
2 i e

e

where:

bi/prop = 2%IR_ - (ZS - Zw)2'

(5.13)

(5.14)

ZS =-X'p tan(a 5 - Eu - Ep) - ZT_

The upwash at the propeller plane is obtained from Equation

(5.10) and:

_c
u

" -- (=W - _0)
ct

The propeller-induced downwash is given by:

_c

P _ P
P

The derivative _Ep/_ap follows from Reference 5.2:

(5.15)

(5.16)

(5.17)

(5.1s)

-m

J

!
J

]

I

_J

]

1

]
_Q

]

]

]

]
J

]

-j

51
J

]



_k
where:

C ! and C 2 follow from Figure 5_9, and

follows from section 5.2.1.

[

[

[

[

[

[

[

[

[

[

[

[

[

2.0

Ai 1.5

1.0

tll

S_(Tc/Pr®l

8Rp2

0

.2

.4

.6 K1

.8

1.0

t.2

•Figure 5.8: Empirical correlation factor for additional lift

due to slipstream (ref 5.2)

[
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Propeller angle of attack is given by Equation (5.5). Using

curve fitting routines, it may be found for Figure 5.8:

X I= 2.6384 A2"03121 + (-3.8116+4.2237 Ai-1.6186 A_) A +

+ (0.0418 A_ "3383) A 2
l

(5.19)

Sw(T'c/Pr°P) )x2-1.9938÷ 1.2194LN( _ _
P

(5.20)

x2(xI + 3)
X3 = i0 (5.21)

SW (T'c/prop)(_o.,00_, )
8R

p X3

K 1 = + 0.9191 e +-_-
(5.22)

The equation for the propeller induced downwash was found Co be:

]

]

]

]

9£

P
--= 0.3732 + 0.1703 LN
_a

P

+

o_- oo_o_8C _o
P

(5.23)

1.0

.8

.6

Cl or C2

.4

.2

CI

18 20

]
]

]

]
]

Figure 5.9: Propeller Induced down.ash (ref 5.2)
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5.2. i. 3 EFFECT OF PRO.P_ELLER SLIPS TREA.M, PROPELLER DOWNWASH £
P

The contribution of power to lift due to a change in angle of

attack as a result of propeller downwash, gp, may be obtained from:

i

(_cL) - N +_qw ) (A_)si
Zp qm La prop off (Ref. 5.2)

(5.24)

where:

Aqw

Si/prop

and

is defined by Equation (5.12)

is defined by Equation (5.13)

t

•P is the change in angle of attack

i - _ (5.25)
Q

5.2.1.4 EFFECT OF POWER ON MAXIMUM LIFT"

Thus far, the effect of power on llft at discrete angles of attack

has been calculated. Power also has an effect on maximum attainable

lift, since the angle of attack at which stall occurs first will be

increased with power. This depends primarily on the ratio of im-

mersed wing area to total wing area. Figure 5.10 illustrates the

effect.

The increment in maximum lift due to power may be obtained from

the following empirical equation:

Ach_x - h (Ac{)

where:

(aCL')
Power

Power

(5.26)

is the increment in tail-off lift

due to power at power-off maximum

lift angle of attack.

5.13



K2

CLwF N

/

,/ /

is a correction for immersed wing area,

obtained from Figure 5.11.

Figure 5.10: Effect of power on maximum lift

%

2.2

2.0

1.8

1.6

1.4

1.2

1.0
0

/
/

p/

jf

J

w'

d _ ° g" "" ''" _", I

.1 .Z .3
Si

•Sw

i

/

.4 .5 .6

Figure 5.11: Correction factor for maximum lift (ref 5.2)
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Using curve-fitting methods, it was found that the Factor K2 may

be represented by:

2

K 2 - 1.1854 - 2.1129 _W + 7.6104

By using the foregoing procedures, the tail-off llft character-

istics of the airplane can be calculated. Now the effect of power

on tail-plane llft will be calculated. The effect of the change in

lift of the horizontal tail on the total lift of the airplane is

small. However, the effect on pitching moment is significant.

(5.27)

5.2.1.5 EFFECT OF PO_._ER I}DUCED DO%_ASH ON HORIZONTAL TAIL-LIFT

The power induced change in downwash at the tail, (ASH)Power,

may be estimated for single engine airplanes by using Figure 5.12

or for multiengine airplanes by using Figure 5.13. These figures

are from Reference 5.2. The variables involved are:

props off

T_/prop

Propeller-off downwash angle calculated

in subroutine DOWNWS.

Propeller thrust coefficient.

Sw Wing area.

R
P

Propeller radius.

Distance from thrust axis to horizontal tail

(see Figure 5.3a).

..... Curve-fitting methods yielded the following approximations for

Figures 5.12 and 5.13. The effec_ of power on downwash for single

6
engine airplanes may be calculated with: :

5.15
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12

I0

Figur_ 5.12:

0 .4 .8 1.2

SwIT_:#Prop)

$Rp2

Effect of power on downwash for single engine airplanes (ref 5.2)

m.8 #
SwlT c/Pr0P)

8Rp 2

0.4.7 LO 1.2
zil T

2Rp

Flllul"l 5.13:

Q

Effe¢_ of power on downvmsh for multleng|ne airplanes (ref $.2)
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E

[

F
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[

E

U

[

0.0688(_ h)

X 4 - 0.5376e props off 1.2345 (Sw(T'c/prop) _+ 0.4366(_h )
props off \ " 8 R " /

P

-- I0.i091(_h)1"3152
props off

2

I (Sw(T'c/prop) hk _ )
P

(5.28)

2

(A¢ H) -X 4 0.8189-0.0185 2-_-- 0.1953
Power p

(5.29)

For multiengine airplanes the following equations can be used:

- -1.0234 + 0.9775(_H) -- 0.I032(_H)2X5 +

prop off prop off

+ 3.5191- °'24°9C_H)propoff+0"2025CZH)2propofn\__ _ )-
. P

X6 - Xs(NO Flaps) (5.31.a) O__R X6 - -0.5 + 0.889 X 5 (Flaps) (5.31.b)

where: (¢H) in degrees.
power off

(6_H) I|0"9951 + 0.0419 2_.ppower" --- 0. 302 X 6
(5.32)

where the height of the horizontal tail above the thrust

line, %, is given by the following equation, see Figure

5.3.a,

(5.32. a)

5.17



To calculate the effect of power on dynamic pressure ratio at
D

Aq h
the tail, _-/--, use can be made of Figure 5.14 (from Reference 5.2).

q_

For low values of T' (close to zero), use should be made of the free-
C

flight value for the tail.

X 7 = 0.34 + 2 0.865

8 Rp

(5.33)

I ZHef f
= | 1.0102- 0.1438

Z 2

0. 3904(_Heffl I X7\Rp /
(5.34)

The effective height of the propeller slipstream, ZHeff , at the

tail, may be calculated as follows (see Figure 5.3a):

-
(5.34. a)

where:

ZS is the vertical distance from X - body

axis to slipstream centerline at 1/4 c.:
1

Zs = -X'ptan(a b D eu - mp) - ZT
(5.34.b)

The change in lift due to above effects may be obtained from

the following relation:

= SH _qH

cL_(hf) CLU(hf) Sw -
(5.35)

- CL _W +_HAEHpower _
(5.36)



!

IB

L_
3.

is the lift of the tail, referenced

to the tail area and a dynamic pressure

ratio of one.

s..!

Figure 5.14: Effect of po_r on the dynamic pressure ratio

at. the ta;! (ref 5.2)
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The tail lift may be obtained from:

= CL (aH

C_(hf) SH, qu/_®=l UH

(5.36.a)

where:

aH = a b - (_H) - Ac H + iH + _- 6E (5.36.b)
power off power

The area of the horizontal tail, immersed in the slipstream,

may be calculated as follows (see Figure 5.3c):

Single-engine airplanes: I

Multi-engine airplanes:

+,,:,f-z.,:.] I1
The total effect of power on lift may now be calculated as

indicated by Equation(5.1.)

Now that the effects of power on the lift force of the airplane

are known, the effects on moment about the Y-axis may be calculated.

5.2.2 DERIVATION OF EQUATIONS, EFFECT ON PITCHING MOMENT, PROPELLER ENGINE

The total effect of power on pitching moment may be summarized

as in Equation (5.39) :

cZ (_ ) + (a_)_(Acm) +(_Oo) +(,,Cm:) +(A_) _.- WL np mH(hf)
- wfn Power off AqW

(5.39)

where:

(% )
wfn

power off

is the power-off, tail-off pitching

_o_ent

5.20



w

2

L

(_Cm)
T

is the pitching moment due to offset

thrust.

[

[

[

(AC)
m N

P

(ACmo)

Aq W

is the pitching moment due to offset

propeller normal force.

is the effect of propeller slipstream

dynamic pressure increment on zero

[

[

[
(AC w)

np

lift pitching moment.

is the total effect on pitching moment

due to slipstream dynamic pressure and

angle of attack changes.

is the effect of propeller slipstream

on nacelle pitching moment.

[

[

is the effect of dynamic pressure and

downwash on pitching moment due to

tail-lift.

is the power-on pitching moment of the

tail.

5.2.2.1 PITCHING MOmeNT DUE TO THRUST OFFSET

The pitching moment due to thrust offset may be obtained from:

(ACm) T = N (T'/prop) (5.40)
L _ \_wl

" where the geomenric parameters are defined in Figure 5.3a.

E

E

[

5.2.2.2 PITCHING MO_'NT DUE TO PROPELLER NORMAL FORCE

This effect may be calculated with:

5.21



(AC m)
N
P

where:

X

' Np\Cw/\COS_T/

(5.41)

(ncL)
N
P

is the propeller normal force, to be obtained

from Equation (5.3).

The geometric parameters are defined in

Figure 5.3a.

5.2.2.3 THE ZERO LIFT PITCHING INCREMENT

Due to the effect of slipstream on the wing and nacelles at zero

lift, there will be a change in zero lift pitching moment:

(ACmo) _ = KAqW- (Cm.0) (Ref. 5.2) (5.42)

AQW iprop off

where:

is the factor that takes the power effect.

into account, to be calculated from Equa-

tion (5.43).

K- = Aqw Si ci (Ref. 5.2)

Aqw

(5.43)

where:
D

Aq w
is the increase in dynamic pressure ratio,

to be calculated with Equation 5.12.

S i

(see Figure 5.3b and c):

is the immersed portion of the wing area

- _-_ •

Si = bie (Cri)e(l + lie)"F-

The zero lift pitching moment (Cmo)

as follows:

(.5.44)

-.may be determined

i "'

prop off

.l

I

l

]

]

]

]

l

1

]

]

]

]

]

J
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[
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[

[

[

[

[

E

[

For twin-engine airplanes:

(C'o) = (Cmo) -

prop off prop off

(c%>
Area not immersed

45.45)

where:

(c.o)

prop off

is the propeller-off C_ of the

wing and nacelles, obtained elsewhere.

and:

SW - S not_immerse

(£%> --(c%> _w .% % j
Area not immersed Wprop.of f

(5.46)

%_here :

(c_o>
W

prop off

not immersed

is the propeller-off Cm0 of the wing

Sw - Si

bW - bi
(5.47)

For a single-englne airplane:

Replace (C_)
wn

prop off

with (Cm) which is the
0

wf
prop off

propeller-off Cmo of the wing and fuselage

5.2.2.4 PITCHING MOMENT INCREMENT DUE TO CHANGE IN WING LIFT

This power effect may simply be obtained from:

(AC.) m - )(/_CL) + (ACL)£ I"_
WL Aqw r

45•48)

where:

is the distance between aerodynamic center

of the immersed wing and the center of

gravity.
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= - [£I/4c W /2) tan 1£cg + (Yc. + bc" AI/4c
l

See Figure 5.15 for geometry definition.

(5.49)

f •

cg

_i ,

?- _ t -

Figure 5.15: Geometry of the wing

The increments in lift due to power, (ACL)A_ and (AC L)

may be found from Equations (5.11) and (5.24), respectively.

P

5.2.2.5 PITCHING MOb_NT DUE TO EFFECT OF SLIPSTREA}I ON NACELLE

For multi-engine installations the effect of the propeller

slipstream on nacelle pitching moments may be calculated with

Equation (5.50)(from Reference 5.2):

OR:

D

• 36.5 SjW n (¢p + eu) + dx
np

[ ]_p" 36.5 Sw_ w _®.

(5.50)

(5.51)

where:

c and ¢
p u

are obtained from Equations (5.16) and (5.17).

5.24
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is obtained from Equation (5.12).

is a function of the shape of the nacelle

(see Figures 5.16 and 5.18).

\
I I I I

-5

Figure 5.16: Shape of nace!le (twin engine)

To see if there is a general trend in the shape of nacelles,

some research was done. A distinction was made between turbine engines

and reciprocating engines. The nacelle was divided into five equal

parts, as shown in Figure 5.16. Then the parameter w 2Ax was deter-
n

mined as a function of nacelle length, £ . The results are shown
n

in Figures 5.17 and 5.19. Also included in this figure are two

straight-line approximations. The equations for the nacelle shape

parameter w 2Ax thus found for _win engine aircraft are:
n

Reciprocating engines:

w 2Ax = -3.07 + 10.51 Z (5.52)
n n

Turbine engines:

w 2&x = -6.84 + 6.90 Z (5.53")
n n
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Figure 5.17: Nacelle shape parameter, twin engine airplanes
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For single engine aircraft the following approximation was found:

2Axw = -28.06 + 16.59 £ (5.54a)
n no

5.2.2.6 PITC_IING MOH_,_ DUE TO EFFECT OF P_/ER ON TAIL

The effect of power on the pitching moment contribution of the

tail will be the increment in lift of the tail, C_(hf ), computed iu

Equation (5.35), multiplied by the normalized moment arm, IH/_. The

result is given as:

{a_}h - c_ it:,.
_{+}T

[
effect

E on CL=

• +'.'i +

{5.5_b3 :+-j-::

+++_ .

• " +.2_" :,.+_::.

5.2.3 DERIVATION OF EQUATIONS, EFFECT ON LATERAL-DIRECTIONA_ +.;-._._:+:i:/--,.-...:_+_.:'_,+

DERIVATIVES, PROPELLER ENGINE .. + £:.;.;÷:::_::_.:..:..___
- ..%,o ;.+.:_:,..+,.+._.+:.+....... :_

With the above derived equations it is now possible Co derive /;_._ ?-:_

... equations for the effect of power on the lateral-_irectional derivatiVeSo "++ +_++"'{

derivative is essentially _he sa_e as _e .:+-_:.:_:_'+:_?i
The effect of power on the _

:_._,:+_-+-++._+__

5 - 27 ......'+ " "::_":_"+__
.-. +:i+-_..:.+.._.+_+m

.+_.,---::-++. _++. ..... :,--?._:+.. . 2+:--7...... ---..._.,,.----++?.+.... • + +.
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where the various variables are defined and calculated

in Section 5.2.1.1.

The effect of power on the C derivative may be computed with the
n8

following equation:

_c =ACy ((XpCOS %+z_si_%)l
nBp Bp I b

The effect of power on the C£B derivative may be computed with the

following equation:

= I(-ZT cos a b + Xp sin ab) I

.AC£Bp ACy_p I b

(5.55)

(5.56)

(5.57)

5.2.4 EFFECT OF PO_R ON SPEED-DERIVATIVES

Reference 5.5 provides the following formulas for the effect

of propeller-power on the speed-derivatives:

and

!

ACTx =-3. Tc
U

ZT

A% = -ACTx ._--
. uCW

(5.5S)

(5.59)

5.3 DERIVATION OF EQUATIONS_ EFFECTS OF POWER, JET ENGINE

The effects of jet engine thrust may again be divided into:

i). Direct effects on forces acting on aircraft.

2). Indirect effects due to jet efflux and influx.

The direct effects are easily calculated; the indirect effect,

especially the influence of the jet exhaust on the flow field, are

5.29



more complicated. It was felt that the complexity of the latter

computations did not warrant the.inclusion of these indirect effects

into the program.

5.3.1 EFFECT OF JET ENGINE THRUST ON STABILITY DERIVATIVES

5.3.1.1 EFFECT ON LIFT

The effect of thrust on lift may be accounted for by AL = Tsina T.

It then follows that

I=

ACLT N (T;/engine) sin= T
• (5.60)

AC L " N(T_/engine)cosa T

u T

(5.61)

where aT.- = + iT .

5.3.1.2 EFFECT ON PITCHING MOME_ COEFFICIENT C_

Reference 5.5 provides the following formula for the computation

of this effect:

= xj (l - _) (5.62)
ap A i p 1/2 p V 2 S c

whet e: is mass flow through the engine in slugs-ft 3.

A i is the jet-engine inlet area (ft 2)

Xj is the distance along the X body axis between

the aircraft center of gravity and the first

fan of the jet engine, forward taken as positive.

Note: If the engine is mounted forward of the wing, i.e.

if X. is positive, then the variable dz/d¢ in
3

Equation 5.62 should be replaced with de /d_ upwash
U

1

.]
]
]

]

(
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ahead of the wing. This variable may be computed from:

= -.n36 gw

-i .8141

- .027 (At - 4.)1 (5.63)

where _ is the distance from the wing a.c. to the c.g.,

positive when the c.g. is aft of the wing a.c.

i

5.3.1.3 EFFECT ON CLo and Cmo

The effect of jet thrust at a = o on llft and longitudinal moments

may be described by

ACLo = N(T_/engine)*sin(i T)
(5.64)

AC " N(Tclengine)*cos(i T) ZTlC (5.65)
In
o

5.3.1.4 EFFECT ON SPEED DERIVATIVES T CF_ Ak_ CTx

u u

Reference 5.5 provides the following formulas to approximate

the effects of jet-engine thrust on the speed derivatives C% and CTXu:

FN V 2 ,

_Czx =M-_-I (l/2o s) - 2. Tc
:

(5.66)

where: M is the flight Math number.

a---M-"is the change in thrust with change in

Mach number, in Ibs.

Z T
S m

aCMTu -aCT xu gw

(5.67)

5.31
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5.3.1.5 EFFECT ON LATERAL DIRECTIONAL DERIVATIVES

Reference 5.5 provides the following formulas for jet effects on

lateral-directional derivatives.

C = 0.

YST

(5.68)

C£ = O. (5.69)

8T

.2 X.
m

C " -NA_I 2
n8 T _v Sb

,(5.7o)

where the terms are defined as for equation (5.60).

This concludes the derivation of the effects of thrust on the aero-

dynamic derivatives.

5.4 DESCRIPTION OF PROGR._M

The program is divided to treat the propeller-powered and jet-

powered vehicle separately, and the integer variable ENP is used to

distinguish between Single engine (ENP=I) and twin engine (ENP=2) air-

craft. Propeller computations are performed over four angles-of-attack

in the following order: m - 1 °, =, _ + i °, and e = 0 °. Results for

and e = 0 are then obtained directly, while AC L and ACm results
o

P P

- Ac )/2.are computed as (AC L - ACL )/2 and (_C m m
Q _ Q

Pa+l P_-I Pa+l P_-I

Immersed areas behind the propellers of both single and twin engine

airplanes are computed based on a slipstream height ZS. Z S is initially

assumed equal to the thrust-line height ZT and then is iterated to an

approximate height over three computational loops at each of the four

angles of attack.
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Computations for the jet powered vehicle are very straight forward

and do not involve iterative loops.
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CHAPTER 6

STATIC LONGITVDINAL STABILITY

6.1 INTRODUCTION

This chapter describes the computation of static stability,

CM , static margin, dCM/dC L, and neutral point, XAC, for both stick
Q

fixed and stick free cases, Power effects accounted for in subroutine

"POWER" (Chapter 5) are integrated in the _L_IN program. Here, C ,
m

d%/dCL, and XAC' are all obtained in subroutine "CMALPA" according

to methods described in Reference 6.1. The center of gravity location

is assumed to be known.

6.2 DERIVATION OF EQUATIONS

The static stability parameter, CM , may be computed from:

(6.1)

whet e: C L
Q

.. dC M

dC L

is the lift-curve slope of the complete

airplane, as computed in subroutine '_IFCRV".

See Section 11.2.

is _he static margin which may be found from:

dC M __--- x - x
dC L cg ac

The airplane aerodynamic center location,
ac

(6.2)

, may be obtained fr==:

---','__ ..... -: : ...::-:-._.,.:_779-.-,775-:.:'--'_



aCFixe d

CL

a H

CL

aw B

SH - dE

._H(_)Xac H (1--_)

1+--

CL

aH

CL

%m

Equation (6.3) is for the stick fixed case. For the stick

(6.3)

free case the following equation should be used:

i
aCFree

acWB

m

CL

aH

CL

aWB

S H _

• Ch 6 /
e

1 +-- cL c :q
SH dc -.

CL Ch 6 ]
aWB e

The various variables in Equations (6.3) and (6.4) are calcu-

(6.4)

lated as follows:

The lift-curve slope of the horizontal tail angle of

the wing body combination, CL and CL , respectively,

aH aWB

are computed in subroutine "LIFCRV". Section 11.2.

The downwash dE�de is calculated in subroutine"DOWNWS%

The control-surface parameters Ch , _E and Ch6
e

are

computed in subroutine "CONSUR". See Section 11.26.

The aerodynamic center of the horizontal tail plane and

of the wing, Xac and Xacw' respectively, are defined in

Figure 6.1. They may be computed with reference to Figure

6.2.

6.2
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To convert the value of X'ac/C R, from Figure 6.2, to the

nondlmensional value Xac' use is made of Equation (6.5) :

Xac = K1 (X'ac/C R - _ ) (6.5)

where KI and K2 are given as:

3(l + :) 2.
K1 = 2(1 + p_ + _, ) (6.6)

12 A tan _E (6.7)

and : = c tip/Coo t

.NOTE: K1 and K2 follow directly from the geometry of

Figure 6.1.

XAC w and XAC H are obtained from function "ACEM".

The wing-body aerodynamic center may be computed from:

= _ +_
acN3 ac W ac B

C6.8)

The body-induced aerodynamic center shift AX

ac B

(6.8) follows from:

in Equation

A _ = -aM/de
ac B

where:

(Body and/or Nacelles, Tailboom)

qs:cL% _.

l=h dz
dM _i_ :El (xl) Axid"_ = 36.5 Wf2 _'_1

i=i i

(6.9)

(6.1C)

The geometric variables in "Equation (6.i0) are defined in

Figure 6.3 and the downwash ahead of the wing may be found from

Figure 6.4. Note the different curves for different parts =f the

body forward of the wing.

6.3
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The downwash behind the wing may be found from the methods

of Section 11.3, Equation 11.3.1. Here, the £_ of Figure

11.3.1 is corrected for each x.l and the hH is corrected to

the x-y plant of the body axes. AXAc is obtained from
B

subroutine "MULTOP".

This concludes the derivation of equations for the Static Longi-

tud iual Stability.

6.3 FUNCTION "ACEM"

XAC for the wing or horizontal tail is obtained through Function

AC_M where this routine employs the data of Figure 6.2 to obtain XIc/C R

and then converts this result to XAC in accordance with Equation 6.5

The curves of Figure 6.2 are input as straight lines where the right

K
8

hand sides of the figures (for low values of tanALE) pertain only to

combinations of high Math numbers and hig_ sweep angles. For example,

8

r ALE = 40 ° with M = .8 results in _'tanALE = .715 (which is well withinL
the linear range), and ALE = 30 ° with M _ .8 results in taL_LE-^ .9622

(which is in the left half of the figure). The discontinous horizontal

axis can be accommodated conveniently by allowing the right half of the

horizontal axis to be an extension of the left half with

TanALE B
- 2 (6.11)

B TanALE

[

[

.'[

Since Figure 6.2 returns- , Figure 6.1 is used to convert this result
C
root

.... as

!

XAC XAC (',! *_c c - Y-. tanALE ) 1-c root% root c

(6.12)

[ The variables K1 and K2 of Equations 6.5, 6.6, and 6.7 are defined as

[
6.7

qn



KI -- Or°°------!= 3(I + _)12 (6.6)
2(1 + I.+ )

K2 = YmactanALE (i + 2_)

root

' (named XPACW) as the last variable in the formalACEM also returns XAC

argreement list. This is the longitudinal dimensional distance from

the wing apex to the wing aerodynamic center.

6.4 SUBROUTINE "MULTOI _''

This routine is a modified version of a routine described in

Reference 6.2. It performs the summation indicated in Equation 6.10

to arrive at the aerodynamic center shift caused by the body, AXAc"

(named DXACB), and returns this variable for use in subroutine C_LPA.

The modification consists of the addition of a similar calculation to

account for the discrete contributions of wing-mounted engine nacelles

to aerodynamic center shift, - (named DXACN).
_XACN

When called by "CMALPA," only DXACB is used. However, when called

by subroutine "CLOCMO," DXACB is used to evaluate the wing-body-tail

C , and DXACN is used to establish C , the C of the wing-nacelle.
m m

o o o
wn

This latter variable is passed from subroutine "CLOCMO" to subroutine

"POWER" in a common AERDAI as variable CMWPN.

subroutine "CMALPA."

CM%rFN is not used by

"MULTOP" calculates the Wf(X i) of equation 6.10 accordin& to

9_, +X i - _ N 1

Wf(Xi) = 1. - nose £' nose M
n@ se

(6.13)

where Wf(Xi) = the width of the nose at X i

6.8



£'nose " the input length of the elliptical nose planform

£nose = the length of the nose measured to the leading edge ofthe wing

M, N = shape parameters obtained from subroutine CONSHP.

See Figure 6.3 for a clarification of Wf(Xi) , Enose' and £nose"

6.5 SUBROUTINE "CONSHP"

This subroutine is called only by subroutine "MULTOP" and iterates

over N to obtain M where convergence in M is presently specified via a

I tolerance of

_n (I.- ¢__)

[ where M1 ._1-- (6.15)

_n el.- @__)

N is incremented as . "

--L Ni = Ni i + _N (6.17) _;_,._.

_:..__,_ .-

vergence is achieved. @i and @2 are normalized longltudlnal dlstances ._

as depicted in Figure 6.5. __ _"

_o subroutine "MULTOP" where M is de.flned as . _

[ "
°- :

[ -".

6.9 .-.._
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Figure 6.5 Ellipse Parameter Definitions

TWo error messages may result from CONS_2 if convergence is not

achleved. The first results when Mll > M2i and (M1 - M2) i • (_ - M2)I_ I

and yields the following message:

-*** ITERATION FOR M AND N DIVERGES _*_

SET M = 1.0 AND N = 1.0

*** (MESSAGE FROM SUBROUTINE CONSHP) me,

The second message resul=s when CONSHP does not yield a converged value

of M within I00 increments in N. This case is signaled by:

*** 100 STEPS COb_LETE - DID NOT CONVERGE ***

*** (MESSAGE FROM SUBROUTINE CONSHP) **e.
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CHAPTER 7

DIRECTIONAL STABILITY

7.1 INTRODUCTION

Generally it is quite difficult to calculate the lateral-directional

aerodynamic characteristics. The vertical tail plane is the dominant

factor and this surface is situated in a complex asy_metrlcal flow field

behind the wing/fuselage combination. This chapter will describe some of

the criteria important for the preliminary design phase.

7.2 DISCUSSION OF DESIGN CRITERIA

The primary preliminary design criteria for the vertical tail are the

o.

following:

C1) The aircraft must possess positive directional static stabilir7

and the short-period lateral/directlonal oscillation must be

well damped.

(2) After failure of the critical engine, the aircraft must remain

controllable in the case of multl-engine aircraft.

To assure compliance with criterion (i), an adequate value for %8 the

static directional stability parameter, has to be provided. For slngle-enEiue

subsonic airplanes• the value for C is often found to lie between .O& and

n B

.I0 (Ref. 7.1). A method for the estimation of the parameter C is discussed

nS

in section 11.16.

7.1



To comply with criterion (2), the vertical tail has to be able to

produce a certain minimum sideforce C to counteract the disturbing
YV

yawing moment of a stopped engine. In this case, also, the control-

surface (i.e. rudder) parameters are important. A discussion of a

method to compute these parameters is given in section 11.25 as well as

in 11.14. A method to derive the minimum control speed, VMC, is given

in section 8.
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CHAPTER 8

VMC ROUTINE

8. i INTRODUCTION

VMC will be defined in this chapter as the minimum speed at which level

or slightly climbing flight is maintained with one engine out and the remainizE

engine at maximum thrust, in a steady state flight condition.

Three methods for determining VMC were evaluated: the method of

Torenbeek (Ref. 8.2), and sing]e-degree-of-freedom and three-degree-of-fre_i._

methods from Ref. 8.1.

The method of Torenbeek was found to be similar to the first method

from Ref. 8.1

8.2 SINGLE-DEGREE-OF-FREEDOM APPROXIM_ATION

From Ref. 8.1, p. 5.37, the moment equation about the aircraft Z axis

is given by:

NT

CnB B + Cn6R 6R + qSb 0
(_ -'_--'2

- c _, _ /Yi"

" n B .: _ S'b
6R = C

n6 R (_.:)

To check the roll axis, the maximum sideslip angle reached if the piie:

•does nothing is given by:

B = -NT
r_x

c _Sb
nB

and the aileron deflection required for this condition is given

J

by:

8.1



- C_

_ max
6A =

C_ A (8.4)

A short computer routine was written to allow a quick check of methods.

The routine finds rudder deflection as a function of flight speed V, where

V is incremented by 0.5 mph after each iteration. Input values were taken

from Ref. 8.3, and runs were made for two values fo sideslip angle, 0 deg.

and 5 deg. (in a helpful direction). Bank angle is not taken into account

by this method.

Results by this method appear to be quite high. _ximum rudder deflection

for the airplane is 22 degrees, yielding a VMC of about 103 mph at B = 5 °.

This is 1.5 (VStall) , and much higher than the 1.2 VStal I requirement. From

Ref. 8.&, VMC for the airplane investigated is 80.6 mph. This large a pre-

diction error is unacceptable for preliminary design, leading to the use of

the three-degree-of-freedom method.

8.3 THREE-DEGREE-OF-FREEDOM METHOD

From Ref. 8.1, p. 5.38, if a fixed bank angle is assumed, the three

remaining varfables are B, 6A' and 6R; these may be found by using

equations 8.5, 8.6 and 8.7.

Examining these equations, it is seen that in addition to the stability

derivatives of the delta matrix, the necessary input variables are weight,

flight path angle 7, bank angle ¢i' wing span and area, dynamic pressure q,

rolling moment due to thrust LT1, and yawing moment due to thrust NT1.

_. Bank angle ¢ is the independent variable. Yawing moment due to thrust,

NTI, is found by adding the thrust of the remaining engine to the drag of the

feathered propeller and multiplying by the engine moment arm, which is the

lateral distance from the c.g. The rolling moment due to thrust is a functiom of

g
n

g
g
i
g
|

a
i
|

U

tr,r
{7
k,:
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R
(8.S)

I
I

I
I

I 6A1

__.lingsin ¢, cos y, + FTYI}

CYB _]1S

C£B - LTI/GIS b

CnB - NTI/GIS b

[A]

CY6
R

C£6R

C

n6 R
i (8.6)

t
i

|

I
!

Cy "
CYB 6A ql s

C£
C£B 6A LT1/qlSb

Cn8 C -n6 A NT1/qigb

rag sin ¢, cos y, + FT I- YIJ

h]
(8.7)
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the thrust inclination angle and the aircraft angle of attack; at the angles

of attack typical of low speed flight, the components of ass_metrical thrus:

and drag in the Z direction produce an appreciable rolling moment in a

direction which requires more aileron deflection and increases VMC. An

additional rolling moment is produced by lift due to the slipstream for

propeller aircraft.

.

_ _-_--- _ -____ -._- .

(:D

Figure 8.1 Vmc Variable Geometric Def|n;tions
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CHAPTER 9

ROTATION SPEED

9.1 INTRODUCTION

The speed at which the aircraft rotates at takeoff, VR, is

calculated using a method from Reference 9.1. This method was

originally developed by Perry (Ref. 9.2) and is based on a constant

rate of pitch-up after lift-off. The advantage of the method is

that it is representative of piloting techniques used in civil

aviation since pitch angle can be directly observed, contrary

to lift coefficient. The equations of motion are linearized by

assuming V = constant and (T - D) = constant.

9.2

takeoff (Ref. 9.3).

• vR

DERIVATION OF EQUATIONS

There are certain criteria concerning the speed during the

The most important are the following:

• VR_V 1

• VR_I.ObVMc G

• VR

• V 2 = 1.2V S

• VLO F

The rotation speed is the speed at

which the pilot raises the nose wheel.

Where V1 is the decision speed.

Where VMC G is the minimum speed for

control during engine out cases.

Should be chosen such that V 2 is

reached at 35 ft, taking into account

the speed increment, AV, between VR

aud V 1 .

VS is the l-g stall speed.

Is the speed at which the landing gear

leaves the ground.

9.1



VLOF_<I.IVMu All engines or:

VLOF_I.O5VMU For engine out conditions, where

VMUis the minimumunstick speed,

or the minimumspeed at which the air-

craft is still controllable when it

leaves the ground.

For low T/W ratios, VR and VLOF may be increased to ensure positive

climb gradient.

Figure 9.1 shows a schematic diagram of the takeoff.

VRo T VLOF V2

I I 6,

I_ I _" I:_ l

Si 5'

F:Lgure 9.1: Take-off paramel_ers.

I

I

I

!

I

I

I

I

I

I

9.2.1 ROTATION PHASE

Assuming that the acceleration along the X-axis during the

rotation phase is equal to the value at lift-off and assuming a

mean rate of rotation about the Y-axis (dS/dt)R, it may be found

!

9.2
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for the rotation distance:

sR i/2 (vR + v "= LOF )

_LOF - a

(d_/dt) R
(9.i)

where: aLOF: The angle of attack at which lift-off

occurs; this follows from the CL -

curve in ground effect.

The speed at lift-off may be calculated as follows:

VLO F = VR+AIV-- VR+g{_4 D } aLOF-m$
LOF (dS/dt)R

(9.2)

The rotation rate (d0/dt) R depends mainly on elevator power and

moment of inertia about the Y-axis. As an average value 4.6 deg/sec

may be taken (Ref. 9.1).

9.2.2 AIRBORNE P_iSE

The speed increment from lift-off speed to the speed at 35'

may be obtained from the energy equation:

g(SLoF + SI) T-D 35 } (9.3)

_2v = {_ + S 1VLO F SLOF

The airborne distance is composed of two phases:

• A flare-up, where the flight path angle increases from zero

during the ground run to T_ at V 2.

• A phase with constant climb angle Y2"

The calculations for this part of the takeoff are based on Perry's

method (Ref. 9.2). Perry based his method on numerous observations

of takeoffs concerning light as well asheavy aircraft. From these

observations functions were derived that describe the path of the

aircraft after lift-off. Using these functions, it is possible to

9.3



calculate the gain in height and the flight path angle during

flare-up.

The gain in height after lift-off is given by:

h = VLOF2 T - D F(8) F(h)

g W

where:

VLOF
F(8) = i +

2g

(9.4)

W d_

r- D na (9.5)
A

dCL/d_ (9.6)

_ = CLLoF

is a non-dimensional function of height;

may be determined from Figure 9.2.

F(h)

The rotation rate during flare-up may be approximated by using a

value of (d_/dt) A of 2-3°/sec for the engine failure case and

5°/sec for the all-engins case.

The climb-angle during flare-up is given by:

dh T - D F(e) F(y) (9.7)
ds W

where: F(y) is a non-dimensional flight-path

angle function depicted in Figure 9.2.

The end of the flare-up is reached when y = Y2 (for the engine out

case) or _ = _3 (for the all-engine case).

It should be noted that T2 can only be calculated when V2

is known. Also, the functions F(h) and F(y) are a function of

the distance traveled after lift-off. The calculations are therefore

iterative.

By using curve-fitting routines, the following set of fo--mulas

was found to fit the curves in Figure 9.2:

9.4



U
H

g
0

g
g
g

g
g
g
ii
I
i

!
|
g
g
g

F(h) = (-.01867 - .02682 Xf+.21233 Xf 2) +

+ {(3 - nm) (.0023 + .0543[X. - .5])}Z

F(y) = (-.098].3 + .56022 Xf - .06661 Xf 2) +

$ {(3 - ne ) (.009 + .0468 [Xf - .4])}

where:
Xf = _ " s2

VLOF

and s is the total distance from lift-off.

•8O I
.70:

i

.60 ¸

.50

F(h)
.40

F(_)
.30
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CHAPTErt I0

Ih__RTiA ROUTI._]E

i0. I INTRODUCTION

It should be noted that the methods in this chapter were not within

the scope of work for the latest revision so the remainder of this

chapter, and the computer routine for determining moments of inertia,

are identical with what was presented in the original documentation

report. The user is advised t>mt independently determined inertia data

should be used as an input if it is available. Doing so will greatly

reduce the number of input parameters required and thus simplify the

use of this program considerably. The methods in Chapter I0 are only

approximate, intended for general preliminary design use, and have not

been independently verified.

Moments of inertia are used in the determination of the dynamic

stability characteristics of an aircraft. The specific values needed

for input into the dynamic stability routine are IXX , Iyv, IZZ , and IXZ,

representing moments of inertai in roll, pitch, and yaw, respectively,

and the XZ cross product. It was decided that the ideal routine should

be able _o compute inertias within +_10%.

Inertia data were solicited from a number of airframe manufacturers

to provide baseline data. Data for 18 aircraft were graphed and examined

for trends, in the hope that a modified statistical method could be derived.

These are presented as Figure 10.1-3. This method did not produce the

desired results.

|
i0.i



A trial run was.made with a method from Reference I0.i. This

method is relatively simple and provides the required accuracy. A

description of the method and results follows.

10.2 DISCUSSION OF METHOD

The moment of inertia of a body about its o_n axis of rotation

is given by:

2

, I = I r PA dV (i0.i)

10.2
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Figure 10.1: Statistical data for pitching moment of inertia
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where: r

f0AdV

is tile distance to a point from the

rotation axis, and

is the mass.

The inertia thus obtained will be refered to as I0, for a body about

its own axis. This inertia may be transformed to a remote axis by

the parallel axis theorem: !

I = I0 + mr2 2 (10.2) I

I

]
.!

]

|
!

where:

r2 is the radius to the remote axis.

In the detail design phase the aircraft may be broken up into

several hundred sections to determine inertias. This is not practical

in preliminary design. From the graphs of inertia data (Figures i0.i

through ].0.3) it is apparent that a purely statistical approach

would be difficult. The method of Reference 10.!.combines some

aspects of weight breakdown and statistical methods to produce rela-

tively rapid results.

The method of Reference 10.1 divides the empty aircraft into

five major sections:

i) Wing

2) Fuselage

3) Horizontal Stabilizer

_) Vertical Stabilizer

5) Power Plant (Engine and Nacelle)

Mass and distance from the rotation axis are determined for

2
each section, resulting in the mr term of Equation (10.2); 10's

for each section are given by statistically based equations.

I
1

l

L
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The inertias thus obtained are for the empty aircraft, gear up.

Variable item inertias are estimated with formulas for standard

geometric shapes.

Formulas for the various I0'

illustrates geometric variables.

s are presented below. Figure 10.4

bH =i

I

ALEII YCG H

4

!i
• , c R'

Figure 10.4: Airplane geometry

ao Wing Pitching _ment of Inertia, loy

2 + Cb2 + C Cb + C 2)if: (I) = (-C a c c

"_2 3 Cb 3 2 Cb + C Cb 2 + C 3) (10.3)and: (2) = (-Ca + + Cc c c

10.7



L_

then: (3) = (2)

2
(i)

b.

where:

p

.5 (-C + Cb +a Cc)

C
a

is the smallest of the following values:

bwtanAL_ # bwtanAL_
.

c_; 2 ' ct W 2

cb is the intermediate value

C
C

is the largest of these values

then:

loy = .703[(3)_

Wing Rolling Moment of Inertia, 10X

10X = _bw2KI le_, + 3c ItW
24 c_ + etw

(10.4)

(i0.5)

(10.6)

(10.7)

r
L,

I

I

r
I

[
r

KI

(For value of KI, see Figure 10.5.)

1.I

1.0

.9

.8

.7

.6

.5

.4

e3

.2

.I

0
• 5 .6 .7 .8 .9 1.0 1.1 1.2

Note:

X-axl s

parameter:

YCGw

F|gure 10.5:

Parameter for Wing RoIlin:

Homent of Inertla,I

° x

10.8
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C.

_°

Wing Yawing Momen_ of Inertia, 10Z

10Z = 10X + loy

Fuselage Pitching Moment of Inertia, I0y

10Y:3,68 \_÷%-

(For value of K 2, see Figure i0._.)

(10.8)

(I0.9)

K2

1.0k,,:_,:: F ,,:;:,::r'::-:,:'_ i:_' r :

• i:.:,:....._h_,.:-_i,,.,-L. _ t ..i..i _i_:'
?

71:_i::-i_I_ i_ :_:i::_ !_:I :i ! .:i
• |i,i:_!ii_iiii!:li:I!:i-!_...i i',,_l i:_t._i::.
6Fii-iTTTF_iI::IT-i_:_:.
• I _l:_7.i'l_kIi-L,l'_ l:..+:.i-:

4/!i:i:'7:!]!"'_ 7";! J ::_ _ % -

r_.--_.._r-+_ "_T--_--r"+ ":-'--
3/:::_F:;:t r ." I ' ! _ _ ; ,I

•;j:l:-il .. 1
_H_rT-t:!-f:_!}iFT::ii_:i_:_---t.

I::1 :!'I I' I : _ : : _ !
0 .1 .2 .3 .4 .5 .6 .7

Note: LF/2 - XCG FX-ax| s

parameter: LF/2

Figure 10.6:

Parameter for Fuselage PiLching

Moment of Inertia, I
Oy

e.

fl

go

Fuselage Rolling Moment of Inertia, I0x

I0x = --

S 2
Mf K3 (-fus.%

4 k_Lfusl

(For value of K3, see Figure i0.7.)

Fuselage Yawing _ment of Inertia, 10Z

10Z = 10y

Horizontal Stabilizer Pitching Moment of Inertia, 10y

2 + Cb 2 + C Cb + C 2)if: (I) = (-C a c c

i__ 3 + Cb 3 4- C 2 Cb + C Cb 2 + C 3)(2) = (-C a c c c

(i0. I0)

(10.1l)

(i0.12)

10.9



K3

where:

%.

1.6

"1.5

1.4

_ : ;, i i i i i
,_i_ : i ri

_--T_I:j i ,r
-'"F ...... i": '! ....... ,-_ :....... , .... I

, I" ' I , t I .-.L/--.

--__-i--t ....i.....i----;-TX.
_L.i.___L. _l_,_L..

:I ' ' i ' ' i i !

...._-,-i---_..-i..-'_-i! / I

.... .__--!-.' _- :- .---T.--._,- / ?--.?-

........_'.............#b__ ..:__b_,_7__7.......... x
• # i t- I;-- .' _ t "

, ....7--i--" _---7-i--+;---..'......
...._---'......':.;..l:--......:!--'.....L;.

i ! /i _ ,

1.3

1;2

1.1

!.0

.9

.8

.7

.6

.5

.4

.3

.2

.1

I 1 I I i l I

0 I 2 3. 4 5 6 7 8

Figure 10.7: Parameter for Fuselaoe Rolling

Homent of Inertia, I
oX

(3) = (2)
(1) 2

Note: _ WF
X-axls s

parameter: wF

C
a

.5 (-Ca + Cb + Cc)

is the smallest of the following values:

b HtanALE H b HtanALE H

ct H 2CRH; 2 ; +

C b is the intermediate value

C is the largest of these values
c

(10.137

(io. 14",

(10.15)

i0.i0

ii,,,.,,i

II
i.,i
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|

!

|

!

!

|

|

|
!
I

|

f

h.

then :

10y = .171 (3)

Horizontal Stabilizer Rolling Moment of Inertia, 10X

_ bH2 K4 ( c + 3CtH)
10X = 24 cR_ + CtH

(For value of K 4, see Figure i0.@.)

(10.16)

(10.17)

K4

1.7

1.6

1.5

1.4

1.3

1.2

1.1

1.0

.9

.8

.7

.6

.5

.4

.3

.2

.1

0
.5 .6

i " '

-- i : .
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• , : .... _ I : i : :

..... _ _ ..... :------_-_
• .--! I .1 . .: .: , .. • .;
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• • " T" m--7:- -'_"_-_-------'_'W'-r "-,

"---/- _'t-_-i - i _-+-
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.7 .8 .9 _.o 1._ 1.2 _.3 .,

Note:
X-axi $
parameter:

YCG_

__ , .)'. r':'.:" ::
6 \ cP,H -:_

Figure iO.B: Ptrameter for Norlzontal Tall

Rolling Moment of Inerl_a, I
° x

i0.ii !:

........... _- -----_ _-_ - -'._'_."_.' . , -_'::-.:_-_-._..----_ --..'_:_c__:' "_ ......



i.

j .

k.

Horizontal Stabilizer Yawinh Moment of Inertia, 10Z

I0Z = I0y + I0X

Vertical Stabilizer PitchinZ Moment of Inertia, 10y

I0y = I0X + I0Z

Vertical Stabilizer Rolling Moment of Inertia, I0X

(10.18)

(10.19)

M V bv 2 K 5

10X = 18

2c c
tVR v

i+--- .2 I
ct v j

(c__ -t- _ :

Rv

(For value of K 5, see l'Igure 10.8.)

K5

1.4

1.3

1.2

i.1

1.0

.9

.8

.7

.6
I

.5i

.4

.3

.2

.1

0

I /

• -- l i/

"! --I /

!J

I/I '
11

l i I I '

.6 .7 .8 .9 1.0 .1

Note :
X-axi s
parameter:

(10.20)

ZCGV

!

l

1

[

|

|

I
I

by ¢R V _. 2 c=./;(.x<)I

Figure 10.9: Parameter for Ve :ical Tail .-',oiling

Moment of Inert_;- I
° x

10.12
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Vertical Stabilizer Yawing Moment of Inertia, IOZ

D 2 2
if: (i) -- _ (-C + Cb + C Cb + C 2)a c c

(10.21)

= _ 3 3 2
(2) i-2 (-c + cb + ca c

Cb + C Cb 2 + C 3)
C C

(10.22)

|

|

|

where :

(3) = (2) (1)2

+Cb+C)P .5 (-Ca c

(I0.23)

(i0.2&)

|
!
I

then:

C
a

Cb

is the smallest of the following values:

; c
c_; bvtanALE V tv + bvtanAL_

is the largest of these values

(10.25)

I loz = .771 (3)

I m. Power Plant Pitching Moment of Inertia, 10y -

n. Power Plant Rolling Moment of Inertia, 10X

I 10X = .083 MpdNac 2

! o. Power Plant Yawing Moment of Inertia, 10Z

(i0.26]

(10.27)

(I0.28)

!

I

I0Z = I0y (10.29}

K values are statistically based and presented in graphic form

as Figures 10.5 - 10.9, reproduced from Reference i0.I. An equation

I was fitted to the K1 line with a power curve fit. K2 - K5 are linear

!
io.13



equations of the form y = mx + b.

K1 = 1.2454 (X! - .585) 1"8438

where:

+ .64

XI = Y /[B-0.1667"(c + 2-ct)/(c R + ct)}
cg W R_

K2 = 98 - 915{(.5£f - X )/(.5£f)}
• . Cgfu s

K3 = .07 + .186 H_ C (Wf /Wf)
S

K4 = 1.97.X2 - 1.055

where:

(10.30)

(10.30a)

(lO.31)

(10.32)

(lO.33)

X2 = YCgHT/{bHT'O.1667(C_T+ 2CtHT)/(C_T + CtH T)}

(i0.33a)

K5 = 2.362"X3 - 1.13A (10.34)

where :

+ o
(i0.34a)

i

.I

I

Fuel and passenger inertias are not accounted for by _he method

of Reference i0.I.

Assuming that all fuel is carried in the wing and tip tanks,

fuel inertias may be approximated as follows:

Referring to Figure i0.Ii, the fuel tank is assumed to start at

the fuselage and continue a distance, bfuel/2 , to a station, R. The

fraction of the wing chord filled with fuel is given by Cfuel"

I0.I'_



i_l
;- I bj2

_------- bFuel/2

0 R

|

c !

r,C I .;-/ _>'<.:2

,._l_/I _

! F;gure 10.]0: Fuel tank geometry

Fuel volume is assumed trapezoidal. Integrating over the trapezoidal

volume wi_h z, y, and r coordinates as shown, the inertia about the

! r = 0 plane is given by:

|

|
10X x = 2X f0Rr2odMdr

= 2X /0Rr2p(Zl - Zlr + Z2r)(Y 1 - YI r + Y2r)dr (i0.35)

!

|

ZI' Z2' YI' Y2' and p are constants, allowing integration

of the equation to yield:

Zoxx = R3(o.o333pZz_l+O.OS_Z2Yz+O.o_pZz,z2+O.2__V2,z2)(10.36)

i

|

Ii 10.15



The variables ZI, Z2, YI' and Y2 are functions of known variables:

zI {<tlcr - t/c)(!- ,..:c/bw)+ tlct_r
(i0.37)

where :

el = {(CR - ct) (i - Wc/bw)_ + ct

Z2 = {(t/c r - t/ct)(l - bfuel/b W) + t/ctl Ca
(i0.3_)

where:

c2= (OR%
c t)(l - bfuel/bw) _ + c t

Y1 = Cfuel x CI

Y2 = Cfuel x C2

P = fuel density in Ib/ft 3

32.174

(i0.3_)

Tip tank variables are illustrated in Figure i0.II.

L

I

i
!
I

I
I

YCGTI f
P ul

i

L

I
LTT

I
I
t

Figure 10.11: Tip tank geometry
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g The tip tank lateral location variable has a default value of bw/2 ;

using other values g,-op tanks or nacelle fuel may be simulated.

g I 0 inertias are calculated for tip tanks about the pitch and yaw

axes by:

. Lrr.2 OTr.2}

I0 = Mtb-_ I (-_--) + (--2--) I (10.40)

using the inertia formula for an elliptical body of revolution.

I I 0 for the roll axis is considered negligible.

Passenger inertia variables are illustrated in Figure 10.12.

i

i

a

•_------Xpi lot----_ /

$

!
Figure 10.12: Passenger comportment.

|
!
!

Passenger 10's about the roll axis are found by assuming the passemger_i_i ,-

mass to be uniformly distributed over a 4.3 by 1.5 ft. rectangle. _'s_. " .

in the pitch and yaw axes are considered negligible.

!

g



Ixz'S required for the dynamic stability derivatives are

!

approximated by considering the IXZ s of the tails, and the win?

where applicable.

i0.3 CHECK CALCULATIONS

The sample aircraft of Reference i0.i was used for a check

calculation.

a. Wing Pitching Moment of Inertia 10y

C = 8.75
a

Cb = 17.08

C = 25
c

p = 27.98

(1) = 59O8.3

(2) = 88370.4

(3) = 13492.6

2

10y = 9485.3 slug ft

5. Wing Rol].in_ Moment of Inertia IOX

IOX = 135546 slug ft 2

c. Wing Yawing Moment of Inertia IOZ

IOZ = fOX + loy = 145031 slug ft 2

d. Fuselage Pitching Moment of Inertia Ioy

Io Y m 311319 slug ft 2

e. Fuselage Rolling Moment of Inertia lox

K3 = .98

fOX = 11899.9 slug ft 2

I

E

E

!

I

I

l

10.18
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g
g
|
i

g
g
|

|

]
!
!

f

!

f. Fuselase Yawin$ Moment of Inertia Ioz

IX. = I^.. = 311319 slug ft 2

g. Horizontal Stabilizer Pitchin$ Moment of Inertia, Ioy

C = 3.539
a

Cb = 7. 709

C = 8.33
c

p = 4.97

(I) -- 149.61

(2) = 837.4

(3) = 117.2

Ioy = 90.38

h. Horizontal Stabilizer Rolling Homent of Inertia, IOX

K4 = .72

IOX = 1723.8

i. Horizontal Stabilizer Yawing Homent of Inertia, IOZ

IOZ = I0y + IOX ffi1814.2

j. Vertical Stabilizer Rolling .Homent of Inertia_ IOX

K5 = .93

Iox = 188.6

k. Vertical Stabilizer Yawin$ Moment of Inertia, IOZ

C = 12.56
a

Cb = 20.8

C = 20.89
c

10.19
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m,

nQ

o.

p.

p = 0.64

(i) = 122.2

(2) = 1815.17

(3) = 213.6

IOZ = 164.7

Vertical Stabilizer Pitching Moment of Inertia, Ioy

IOy = IOX + IOZ = 353.3 slug ft 2

Power Plant Pitching Moment of Inertia_ Ioy

Ioy = 2748.8

Power Plant Rolling Moment of Inertia, IOX

2

IOX = 448.6 slug ft

_'_?.,er Plant Yawing Moment of Inertia_. 10Z

IOZ = Ioy = 2748.8 slug ft 2

Aircraft Cross Product Inertia, .Ixz

Ixzv :-zCGv (XCGv)My

IXZ V = 2892.1

IXZ V = ZCGwing (XCGwlng)

IX_ = 0

A comparison of these results with the results of Reference i0.I,

as well as with the computer testrun output, will be done in Section

10.4.

i,

F

l

I

I
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10.4 PROG_; DESCRIPTION

The method described in Section 10.2 was transformed into a

FORTRA+N computer routine. Table I0.i shows the computer variables

as used in the program. Figure 10.13 shows a flow chart of the pro-

gram. A listing of the program as well as a sample output is

shown in Figure 10.14.

TABLE i0.i VARIABLE NA}tES IN SUBROUTINE "INERTA"

NA}_ ENG. SYMBOL DIMENSION ORIGIN REI%a.P.KS

i AXIS s ft Common

BENGOB beng/b W --- Common

l BFUEL bfuel ft Common

BHT bHT ft Common

l BVT bVT ft Common

l BW bW ft Common

I BXIS b ft Common

CA C

CB Cb

CC C
c

I CGLG CGLG ft Common

i CFUEL Cruel

l

ft

I 10.21

Major axis of

tip tank

Minor axis of

tip tank

Radial distance

from fuselage

center line

• • • / - .... _ +



TABLE i0.i VARIABLE N_\IES IN SUBROUTINE "INERTA" (continued)

NAME ENG. S_q,_BOL DI.'.[ENSION ORIGIN
RE_L&RKS

ram--

CHORDI ......

CHORD2 ......

CON ......

CONSTI ......

CONST2 ......

CONST3 ......

CRCLHT CRH T ft Common

CRCLVT CRv T ft Common

CRCLW C_. ft Common

CTHT ft Common
CtiÂ T

CTVT ft Common
CtVT

CTW ft Common
Ct W

DBARN d ft Common
nac

ft Common
ELCG XCG

ELCGH XCGHT ft Common

ELCGV XCGvT ft Common

ELF £fus ft Common

ELN £ ft Common
nac

Dummy

Dummy

Dummy

Dummy

Dummy

Dummy

10.22



TABLEi0.i VARIABLENA_S IN SUBROUTINE"INERTA" (continued)

_'_v_ DIMENSION ORIGIN RE_'_RKS

ELTIP XCGTip ft Common

"_ ELWING XCGW ft Common

"_ ENGIOX IOX slug ft 2 ---
eng

I ENGIOY lOy slug ft 2 ---
• eng

l ENGIX IXXeng slug ft 2 ---

ENGIY Iyy slug ft 2 ---
eng

2

I slug ft -_ENGIZ IZZeng

i FUELD Pfuel Ib/gal Common

FUSIOX IOXfu s slug ft 2 ---

|
FUSIOY IOYfu s slug ft 2 ---

I FUSIX IXXfu s slug ft 2 ---

I FUSIY IYYfu s slug ft 2 ---

I FUSIZ IZZfu s slug ft 2 ---

GEARIX I_L G slug ft 2 ---

I GEARIY slug ft 2 -_IYYLG

I GEARIZ IZZLG slug ft 2 ---

10.23



TABLEI0.I VARIABLEN,_FESIN SUBROUTINE"INERTA" (continued)

N_E ENG SY>[BOL D!MENSION ORIGIN RE:LARKS

HC h ft Common
c

HORIOX IOXtt T slug ft 2 ---

IIORIOY IOYRT slug ft 2 ---

HORIX IXXHT slug ft 2 ---

HORIY IYYHT slug ft 2 ---

HORIZ IZZHT slug ft 2 ---

INERTX IXX slug ft 2 ---

INERTY Iyy slug ft 2 ---

INERTZ IZZ slug ft 2 ---

IOY ......... Dummy

IROW ......... Dum_y

IROW2 ......... Dummy

2

IXXP IXX slug ft ---
pax

IXZ _Z slug ft 2 ---

IXZH IXZHT slug ft 2 ---

IXZV IXZvT slug ft 2 ---

IXZW IXZ W slug ft 2 ---

IYYP Iyy slug ft 2 ---

pax

10.24



g

fl TABLE I0.i VARIABLE N,_S IN SUBROUTINE "INERTA" (continued)

NAME ENG. S%%_BOL DIMENSION ORIGIN RE_._RKS

fl

|

I

|

I

!

I

i

g

I

g

!

g

g

H

IZZP IZZ slug ft2

pax

K1 K1 ---

K2 K2 ---

K3 K3 ---

K4 K4 ---

K5 K5 ---

LENG £ ft
eng

M M ib

MB W Ib

MBT W B slugs

_P W slugs
pe

MFTP W fuel slugs
tip

M1_4 Wfuel W slugs

MHT WHT slugs

MLG WLG slug s

MY W slugs
P

MYASS W slugs
pax

MPLMAX W slugs
pax

max

MTIP Wti p slugs

10.25
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TABLE I0.i VARIABLE N_MES IN SUBROUTINE "INERTA" (continued)

NAME ENG S_dBOL DIMENSION %t •ORI GIN RE.i%RKS

_FqT

PAX

PS

R

R1

RELP

RELR

RHO

SAB

SAH

SF

SWPLE

SWPLEH

SWPLEV

TCR

TCT

TIPIOY

R_PAX

WVT

W W

N
pax

P
seat

XCG
eng

XCGfus/£

0

Sfus

ALEw

ALEHT

ALEvT

t/cl R

t/el t

IoYti p

W
pax

/£fus

fus

slugs

slugs

ft

ib sec2/ft 4

Common Excluding

pilot

Common

Common

Common

Common

tad Common

tad Common

tad Common

slug ft 2

Coco n

Common

Ib Common

Dummy

Dummy

.33

....- ,._,- .:.___.._ :

10.26



TABLEI0.i VARIABLENA}_S IN SUBROUTINEL_rRTA (continued)

NAME ENG.SI_OL DI,x_NSION ORIGIN RES_RKS

!
l
!
|
I
!
!
!
!
!
I
!

VERIOX Io_ T slug ft 2

VERIOY lOYvT slug ft 2

VERIOZ IOZvT slug ft 2

VERIX IX_ T slug ft 2

VERIY slug ft 2
IYYvT

VERIZ IZZvT slug ft 2

WAS Waisle ft

WB Ib
WB S

WBT WB Ib

WC W C ft

WEIGHT W ib

WEP W ib
pe

WFIOX slug ft 2
IOXfuel

W-FIX slug ft 2
IXXfuel

WFIY _/_fuel slug ft 2

WFTP Wfueltl p ib

WFW Wfuel W ib

10.27

Common

Common

Common

Common

Corn=on

Co_on

Cou_mon

Fuselage structural

weight

Fuselage weight



TABLEi0. i VARIABLENA}IESIN SUBROUTINE"i_,_L,TA"'r_" (continued)

NA/,IE ENG.SIq.IBOLDIMENSION ORIGIN ___-_-..,,_7="'_v=

WHT WHT ib Common

WLG WLG ib Common

WNGIOX IOX W slug ft 2 ---

WNGIOY Ioy W slug ft 2 ---

WNGIOZ IOZ W slug ft 2 ---

WNGIX IX_ slug ft 2 ---

WNGIY Iyy W slug ft: 2 ---

I_NGIZ IZZ W slug ft 2 ---

WP W ib Common
P

WPLMAX W Ib Common
pax max

WS W ft Common
seat

WTIP Wti p ib Common

_qT WVT ib Common

WW W ib Common

XP ILOT Xpilo t f t Common

YI ....... --

Y2 .........

YCGENG YCG ft Common
eng

|

I

:I

1

1

I
I

i0.28



TABLEi0.i VARIABLEN_oFESIN SUBROUTINE"INERTA" (continued)

NAME ENG.SYMBOL DImeNSION ORIGIN RE_RKS

|

!

!

!

I
|
!

I

I

I

!
I
. IOy W

foxw

Iozw

!

!

YCGHOR YCGHT ft Common .2 bHT

YCGTIP YCGti p ft Common

YCG_G YCG ft Common .18 bW
wing

Z1 ......... Dummy

Z2 ........ Dummy

ZCGHOR ZCGHT ft Common

ZCGVER ZCGvT ft Common .6 bVT

ZCG_G ZCC W ft Common

Table 10.2 illustrates the comparison between the results of

the hand calculation, the data of Reference i0.i, and the computer

output for the test airplane of Reference i0.i

TABLE 10.2 CO.qPARISON OF INERTIA C03??UTATIONS

KU-FRL KU-FRL

"INERTA" "INERTA"

Hand Calculation Ref. i0.i Computer

9,485.3 9,493.2 9,443.9

135 ,546.0 135 ,591.5 135 ,861.6

145 ,031.0 145 ,084.7 143 ,305.5

,.,,., .
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TABLE10.2 CO:_ARISONOF INERTIACOI._UTATIONS(continued)

lOYfu_

IOXfus

IOZfus

IOYHoz

IO_o z

IOZHoz

IOYvert

lOXvert

lOZvert

loy
eng

IOX
eng

IOZ
eng

KU-FRL KU-FRL
"INERTA" "INERTA"

Hand Calculation Ref. i0.i Computer

311,319.0 311,473.4 311,994.9

11,899.9 ii.,798.5 11,191.9

311,319.0 311,473.4 311,994.9

90.4 95.7 90.3

1,723.8 1,774.9 1,724.4

1,814.2 1,870.6 1,814.7

353.3 305.2 339.3

188.6 188.4 189.2

164.7 116.7 150.1

2,748.8 2,748.8 2,761.8

448.6 447.9 448.6

2,748.8 2,748.8 1,966.8

_J

u

D

H

|

I

g

I

i

|

I

2
NOTE: All inertias in slug ft .

Table 10.3 gives the results of computer runs to determine the

mass properties for several general aviation aircraft. Also given

are manufacturers'data.

i0.30
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i

TABLE 10.3

AIRPL,%NE
WEIGHT SOURCE

TYPE

IXERY!A CALCuLAT_0.,_, C0:.IPARISON

IXX % Iyy 2 % IZZ 2 %

slu_ ft 2 ERR. slu_ f= ERR. slur ft ERK. • IXZ

| E _ INERTA 650.6 2 .9 644.4 2.7 1231 .9
}t_.NF. 631.7 661 .5 1157 .9

E MTOW INERTA 697.8 645 .9 1254.9

MANF. - ........

-25.96

!

l

I

l
I
I

|

!

H

I

l
i
!

|

|

6.0

F MWE INERTA 829.6 1860.2 2993.7
4.3 15.5

M_F. 794.2 1571.3 2252.4

F MTOW INERTA 1215.2 1879.8 3334.7

fLUfF. 1551.4 27.7 1878.3 .1 3301.0

24.7

1.0

-1891.7

II _. I:,"ERTA 9467.5 13930.9 22076.5
6.6 2.8

M,%NF. 8846 .0 1431S .0 21830 .0

H }_OW INERTA 17512.7 21554.0 37267.6
15.0 6.0

_%NF. 14884.0 20270.0 33836.0

-267.5

A MK_ INERTA 6793.2 17260.9 13.4 22919.0
_L-_NF. 6045.0 II.0 14948.0 19572.8

A MTOW INERTA 3&319.6 22561.9 52960.9

MAHF. -.....

14.6
-1320.4

The average error in the computations is as follows:

I]C ( Iyy IZZ

11.3% 6.8% 5.7%

It may be concluded that the subroutine INERTA performs well

within the accuracy required for preliminary design work. No data

were available for comparison with the IXZ computations.
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C START >

INPUT

DATA /

COMPUTE
K I ,K2,K 3, (I0.30-34)

KLp,K5

4
WE IGHT TO

MASS

i COMPUTE

COtlSTAI'_TS (10. 5 )

SET

M= M

CON ,-._703

I

ice.co,sT2,isE1fc  coNsT CB CONSTI CB CONSTI

CA ,= CONST3 CHEC ---I CC CONST3

Figure 10.13: Flowchart of subroutine '"INERTA"

CA - CONST2

CB - CONST3
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I (io.3)(1o.6)

I
o

I

i

I

I

.I

i

!

|

i

|
!
!

|

Ioy W m Ioy !

i

1

COP,PUTEIox_ I

t

1

COMPUTE
. CONSTANTS

1
SET

CHECK. " 0

_p

RESET

M-_ H
CON m ._I

i i

(10.7)

(Io.15)

Ioz V " Ioy

COMPUTE

IOXv

Ioy V "

IoXv +lOZv

COMPUTE

IoYfu s

I COMPUTE

IoXfu s

I COMPUTE
IoYen 9

4

COMPUTEIoXeng

i

COMPUTE
IYY W

L(lo.20)

(lo.9)

(1o.1o)

(10.27)

(10.28)

IoyH " Ioy

1,
COHPUTE

IOXH

1

IoZH'|OXH+Ioy t

t
COMPUTE

CONSTANTS

CHECK - I

i

RESET
e-M v

6

| Figure 10.13: continued

(1o.17)

(10.25)



Je

COMPUTE

t×xw

1
COMPUTE

IZZw

1
COMPUTE

I

YYH

COMPUTE

IXX H

t
COMPUTE

I
ZZ H

1
COMPUTE

IYY V

1
COMPUTE

Ixx V

COMPUTE

I

ZZv

Figure I0.13: continued

- COMPUTE I
IXXLG

1
COMPUTE

I

YYLG

COMPUTE

IZZLG

1
IXZ's

t
COMPUTE

Iyy
eng

1

COMPUTE i
IX×eng

COMPUTE IIZZeng ,

ADD "]

INERTIA

COMPONENTS

, t
COMPUTE

FUEL

IN ERT IAS

1
J COMPU'rE -

PASSENGER

INERT I AS

1

COMPUTE "

TOTAL

INERT I AS

i0.34
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I

]

!

l

l

|

|

!

I

I

|

!

|

|

|

|

1

3

6

7

3
9

!r

11

12

13

I/..

15

17

19

Z9

21

2P

Z3

_4

_;5

Z6

_7

31

32
? 7
_J

3c
.':,c.

36

37

35

79

4C

41

"2

43

44

45

_.6

"7

4g

49

5_

5:

$2

53

COA ,,_0N / .,,'

C O;,:;.:ON /.J
C 0 ":";0N/

C 0"." "1.) ;,' /

CO _I,.',ONIV
C O_'-'. 3N / A

CO'_RO_I/'_

C CF,°_ON/_

CO:I .,_O:J IS

_,ELTIP
C O"I,'," ]'=/F uS

COFsf_.GN

CO:IMON

IF(FUE

ZCGHOR

CTHT=S
CTVT=S

¥CGTIP

S!'-R.')JTIJE INERT-', (i._;E_tTx, It.ERTf, I'.E._TZ,ZXZ,

:]xx:., IYY 1,! _'Z.-!)

_.Z_.L K I, ,C2_.K -_sK'-.,K _, "_,r_ T ,F _, "4VT,7! _,%1_ ,:_'-3,

_ _<PL'I :.X ,:IF.w , _.F TP, "TIP, >IR E"IN, .".PE I ,LE h.E, I "_ERTX,

_iOY,I'IE_TY,I" ERTZ, !Z2, IXZ',,, !XZV,IXZH,LPIL_T,IXXP,IYY F, IZ:=, 'PASS

?,,IXX _' • I y y..v,._Z Z";19[
CO.":.'-'.')>Jl,_ IGHT I ELC fi,.,"_"IGHT

CO'-I..:3.,I/GECr"./Dli_D, Z:,,SAH,XI_.AC, ELI;,:C

C 0:.:"._3"_II_'G _IT I / _,H T, .._'_T, _..:..',,.P, ,:EP, _.-_,w B T, _.L G

'3.'IT21_.;TIP,VF,.,_.FTP,UWPAX,FUEL3

GHT3 /WC C ,.cCF :_,V.SA S, ,JFE

_,It..G/DLP."C4 ,_ R, SL.'4,E ,C R C L..,,C_AR W, $_J, CLA,P

H3F,Z ID L:-:C4 H, ;,Rk, SL;" H_.BH T, C EARHT, S.--IT, CL AHP, C,_CLH T

ERI/ :.L-_C4V,APV,SL:"._,,&VT,CF"3ARVT,SVT,CLAVP,CRC. LVT

CCCNIPAX,W;'E,'wS,PS,SAB,XPILOT

&C/X .AC,ELN

RP LS_ / 9Eros Cd, D'3A R'_, LEhG ,3 FUEL

ING2 /C P.'),'ITk,CTIP,..,EYEW, TCR,TCT

H_PE 3/YCG_Vb,YCGH_,R,ZCGVER,CGL3,ZCG.JNG,'_XI S, _XI'-"

IELF,DFU

/SN4F'E'/
/FUS3/AF

LD .EO. ")

=n.3

L;'IH*CR CL
L';V* CR CL

=.J/2.

IF(WBT.EJ.C) .3

IF (S-'H .EQ.I ) ZC

IF(YC3;JPJ6. EL}.q.) Y

I F (Y CG HOR. EQ ._

IF(ZCGVER.E{_ .9

S,HC,WC,L_",ELTH,HH,SO,R2 I,LV,ZV

EL:: i ',G,E LC GH, EL C 6V, R E LP, RE LR

SA,SSSP,_T,SF

FUE L_=6 .53 7

HT

VT

T='_r_.+_.C C +W C F_w+_.:SA S+ .JF E

GHgR= -3VT

CG,J_,G=. 1_-_

)YCGhOR=C.2*F_HT

IF(RELR. E}.C )R EL _=C. :"3

XI=YCG.,'JG! (:I*. 16._.7"(CR CL,J+2.'CT IP_) /

&(CRCLW+CT! P:J))

KI= (Xl -_. 5_5) *

Ic2=p. OS-_. 91 _,*

K3=".37+D. 1_:_*

K4=I .97*YCGH_R

_/(CRCLHT+CTHT)

K5=2.362*ZCGVE

_I(CRCLVT+CTVT)

:.!HT-_H TI 3Z. 1 74

MLG=WL G/37 .I 74

MVT =-;V T132.174

_=WWI 32 :I 74
_'P=aPI 32.1 74

FEP=_JE °/32.1 74

WPLMAX=2, nq .
MPL :.;AX=.JPLMA Y I 32 .1 74

;.IFW=WF WI 3Z.I 74

PFTP=*FTPI32.1 7&

-I ._ _3,S* I .24 5A+0. 3_.

(A_S (C. 5- EL F-RELR-EL F) I (0. 5*EL F) )

(H£* 12)*,,0. 5* WE/_BT

/ (._.HT*_. 1667- (CRCLHT+2*CTHT)

)-1. P55

R/ (BVT*.0.3333,,(CRCLVT+2* CTVT)

)-I. 134

Figure 10.1_: Ll$=Ing of subrOUtine "INERTA"
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_" ,ITiP--_; T[ P172 . 1 7"

" : ;'3: =,,:_TI _2 . ' ""

?,_ RL'4C4N=GL:4C4,', .nl 7"5 _"

57 RL"C4V=DL"IC4';_.?1745

5_ RLf4C4= 3LACZ,..,317'5

59 SWPLE= ATA'_ (S I:'_(PLt,' CL)/COS (RLr'C 4)+ (I ./AR) -( (I .-SLF, I)/(I. I SL',!) ) L
_C S'^PLEV=_,T'_tc(SI',(PL F'CZ,V) /COS (RL'4C4V)+ (1 ./ARV)* ( (I.-SL ;4V) / (I .-1_.'.,i

61 g)) I62 S'_PLE_J=ATS, h,(._I rJ(RL iIC4H) /COS (RL:4C4h) +(1 . /ARH)* ((I.-SL',H) / (I .._ ":r

63 e,))

t." COD_ST__=B* (SItJ(SW _L E) /C CS(SWPLE) )*. 5

(5 CO"_ST 3=CT IP',+CO':S IZ

66 CON=n. 793 |
7 r.1=M :.,/

6,_, CHECK=-16:, 50 IF(CD"ISTI.LE.CO',IST2)GO TO 90

7C IF(CO.NSTI.LE.CO_ST3)GO TO 7C

71 CC=C(J'J ST I "

t,. IF(CO"ST_.LE.C3:'ST3)GO TO 6.0

73 CA=CO"ST3

74 C_=CONST2

75 GO TO 120 J!
76 5.'} CA = C ONST2

77 C_=CON ST 3

7:= GO TO 12.9

79 70 CA = C O_;ST2

,_? CB=COq STI

Z1 CO= CO;_ ST 3

C2 GO TO 1__0
'_3 90 IF(CO;CSTI.LT.COqST3)GO TO 100 Zl
el. CA=CO,'_ ST 3

_.S CB=CONST1

,..,. CC=CO_ST2

&7 GO TO 1_.0

_r, In_r] CA=CD:JST!

_'_ IF(CONST2.LT.CONST3)GO TO 11C

c.," CB= CO'.'ST3 i
91 CC=CO',J3T2

92 GO TO 12.'2_
im

£3 110 CS=CONST2 H

9L CC=CO;, ' ST3 ig

95 120 CONTI_'JE

96. RHO='41 (n_. 5_, (-CA+Ci:'+CC)) IN

97 IOY=CO.N* (qHO.q.n_33* (-CA**'4+C'3..3+CC*.2-C8+CC.C3.,,2 il
9._ g+CC*"3)-((RH j.n. 1667" (-CA**2+CB**2+CC*CB+CC**2))**2/,'4))

99 IF(CHE CK)125.13"].I/-,C
mm

r'o 125 _NGIOY:IOY i_

C1 WNGIO X:t'_W*E**2 *KI *.0417" ((CPCLW+3.*CT IPW)/ (CRCLd+CT IP*') )
II

C2 WNG IOZ :'.;NG IO Y+'_;_ I C'X

._3 CO'ISTI =CRCLHT .

_4 ....... CONST2 =BHT* ( SI h (S_,'PLEH) ICOS (S WPLEH) )*0.5 la
..n.5 CONST3=CTHT+COL ;_

Ce CHECK= "] : '.J_.

I@Fl'jure 10.1_: continued
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B
1C7

i[+

I _
• + J

114

115

.1 16
o 117

11_:

I 119
!2.P

121

l 122123
124

!25

I 12c
127

129
13C

!ZI

I 132

I I_.5
137'

13J

I I _'}
140

!41

I 142143

i 145145
147

I 1L9
157

151

I 152153

154

i 15515_.

157

I 15;

13o.

140

|

I

CO:,,=Z_. 771

GO tC 5"7

HORIOY =1 9Y

IICF IOX =,'qT*B,T-*_, r,4.C!. CL17-( (C RCLiIT+3*CT-IT) /

_(CRCLHT+CTHT ))

H 0 _',; IOZ _-- bl D_ ,..' "T h ',I, t{ Cj R .T C V,

CC,"JS T I =CRCLVT

CO:,ST2 =2VT* ( _..i ti(SWPLEV) I[OS (5..,PLEV))'0, 5
CONST3=CTVT+r,,':_j ..T2

CHECK= I

_ = :iV T

GO TO 5.'2.

VEPIOZ =IOY

VERIOX=_'VTI_,_T**2*K5 ,'L._556_(1+(2.CRCLVT.CTVT)

:,/((CRCLVT+CT-'T)**2))

VERIOY=VERIO',+VEa, I CZ

FUSI3Y =A3T*S r*K_.*P.n255* (3*HC/ (-_-ELF)+EL F/HE)

FUSIOX ='43T*KZ* r. _5" ( (SF/ (3. 142- ELF) )**2)

ENGIOY =].061 "(0. 75"_iP* DE=ARI'.**2 +-4EP* LEb G* ,2+

('4P-_.;E P) *E LIV • "2)

ENGI OX =')..'],83 *_IP* D3 AR_J * *2

gNGIY=W_JGIOY +P:+W*(ELCG-ELwl;,G)**2

W;JGIX=W:.'GICX+_Iw',yc GW',G-*2+FTI°*YCGTIP**2

'_.tlG I Z = ,:1;_* y CG _jC., . 2 .+,'_,,"• *.:+_ I OZ +:- TI P* YCGT IP* *>

HOR IY=HqRICY +/,HT*( ELCGH-ELCG)-*2
HORIX=HL) RICX _:HT*Y CGHOR**2

HOR IZ= H2'R I CZ _':,:HT * ( ELC CH-ELC G) * *2

VERIY=VERICY+r.'VT +(ELCGV-ELCG)**_

VERIX=VERICX+'.'VT,Z CGVER**2

VER IZ= VE RI OZ +MVT * ( ELC GV-EL C S) ** 2

FIJS'Y=_IISICY+(c'. , .-,-F*RELR-ELCG)**_*,q_T.
FUS IX= FUS! CX

FUSlZ=FUS!_

GEARI X ='!LG*C ,-.LG* *2

GEARIY=GEARI "C

GEARIZ =GE_RI \

IXZ_=(ELWI;,G-ELCG) *ZCGW:_G*t ,_

IXZH=(ELCSH-._--LCG)* ZCGHOR*'.!HT

IXZV=(ELCGV---LCG)* (-ZCGVER)*'_.VT

IXZ=I× ZW+I XZ ,,+IX ZV

Y CGE_'G= 3E _GC_* B

ENGIY=E;'GICY_NP* (ELF*RELP-ELCG)**2

E;_GIX=E_GIO_+,ZP*(_E:,GO,_*,3..5) *'2

E'_GIZ =E;_GICY÷MP* (Y CbENG**2+ (ELF*RELP-ELCG)**2)

INERTX=WI"GIX *FUSIX+HORIX+VERIX+ENGIX+GEARIX

INE RTY =WNGI Y _FUS IY +HORI Y+VERI Y +ENGI Y+G EARl Y

IP;ERTZ =_N31Z _FUS IZ +HOR I Z +VE RI Z +E;_GI Z+G EA RI Z

WEIGHT=(m4+MHT+'aVT +I,,:L'IT+;_,p+ffTIP+_ILG) .32.174

IF (wFTP.EO.r..A,ND.I_FW._Q.O.) GOTO 275

WEIGHT=_'EIGH T+_,F TP+:,F_a÷U,_PAX* (P_X+I)

TIPI3y -n-- I " 2*('FTP+'aTIP)*((4XISI2)**2+(BXISI2)**2)
R 1 =wE /B "

Figure I0.I_: continued

10.37



16r

1..51

162

lC._

1'..4

165

16.5

167

16__

15_

170

171

172

173

174

175

17_

177

I?E

179

I_I

IS_

183

Id"

I_'5

Ig6

i ,?."7

C H O 'o.D I=

C_ :.)- D _.=

ZI=((TC_

Z2=((TCR

RHO=FUEL

R= (BF !.IF.

C FUEL = (:'I

,r,+ C H O F,D ?_•

YI=CFUEL

Y_=C FU EL

,vFI 3X= (0

&O._,,RH 3,

_FIY=(EL

_,'FI X =',JF I

NPAS S = U4

IXXP=( ,JA

]R 0 :...'= ( PA

IF((IRO;_

IR 0 ',.,'2= IR

DO 250 I

IF(((I-I

IYYP=I YY

25r) CO_';T[_;dE

IXX'4=i_JE2

IY Y'.:=i:;ZP,TY+

I Z Z:_.=!'_E R

275 CO:_T IrtUE

RETUR'_

END

(CRC L,;-C T I P_ )* (i -:.i )+CT IP,q

(C_CL.,'-CT! _-'s.)* (i .-L_ FUEL)-,-CT !9W

-TCT .',,(I-_ i)'÷TCT)*C _OR Ol

-TCT)* (:--] FUEL) +TCT )* CHCRD2

D*C.2Z25

L*F_-.,C)/2

F"/R _C)/ (C HC:_D1 *.0656*RHO*Z1*R+CHO_ 01"_.'" Z2"k

_ L* HO*Z_*F:+CHOF, D-*__. I*RHO*ZI*R)
*ChOrD1

*C F.O'_D2

066':*RNO* ZI*YI+'].I*RHO*ZI*Y2 " " _ 1+• ,- +_. I*RH_*Z_'Y

Z2*Y?)*R**3

WI t;G-ELCG) * " 2''4 F _,

OX+t,,F'_*(_C 12) **2

_AX/ 32.174

S/2&+WS/_4 )**2, (pt,× +1 )*.4PAS S+UwP AX,,
X+ 1 ) /S A_

*SA5 ).LT. (F,_V+l)) IRO_=IROW+I
3_ + 1

=1 ,I "'0_2

)* SA_) .GT. (PAX+I) ) S.¢B= S &B- (IRC _'* SAu) +PA_+I

o+ (E LCG-XP ILOT-((I-I) *PS/12))**2*SA_*_Ip'_s

• 0 5 '-. '-- (F" x+l )

|
TX+'.v_ ! X+ (f,IFTP),YCG'I IP* *2+IX×P

WF I Y -,-TIPI9 Y+ (I.:FTP) * (ELTIP-ELCG)**2+ IYYP

TZ+W.-'I X+(._iFTP).,,YC6T IF*,,2+IYYF

Figure 10.14: concluded.
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Figure !0.1_: Sample printout for subroutine "INERTA"
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D
Ii.i VARIATION OF D_%G COEFFICIENT WITH ANGLE OF ATTACK, CD

ii.i°i INTRODUCTION

This derivative is of importance only for slow speed flight. The

computation is according to the method as described in Reference Ii.i.i.

U
g
g
|
g
g

11.1.2 DERIVATION OF EQUATIONS

This derivative may be estimated, using the parabolic approximation

of the drag polar:

2

CL

CD = CD0 + _R---_"e (II.i.i)

By differentiation, the derivative CDu may be found:

_CDo 2CLCL

CD = _ + _AR e
(n.l.2)

The first term in the right hand of the equation is often very small-and

g
g
!

is also difficult to calculate. Therefore, it will be disregarded.

The lift curve slope, CL= , may be computed according to Section 11.2.

If the Airplane Efficiency Factor, e, is not explicitly given , it

may be approximated using Figure ii.i.I. Note that this Figure yields

wing efficiency and therefore is optimistic.

!
g

g

REFERENCES

Roskam, J. Methods for Estimating Stability and Control Derivatives

fo.__/_rConventional Subsonic Airplanes. Roskam Aviation and Engineering
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11.2 LIFT-CURVE SLOPE

11.2.1 DERIVATION OF EQUATIONS

The lift-curve slope of a surface may be computed using the

Polhamus Formula (Reference 11.2.1):

CL = 2_AI (11.2.1)

a 2 + _/_R! 82 TAN2AI/2_)
2 (i + 82 • + 4

This formula calculates the lift-curve slope of the surface without

body effects. Using a lifting surface method (Ref. 11.2.2), calculations

were made for the lift-curve slope of a wing without body and tail,

as a function of aspect ratio and leading-edge sweep angle. These

results were compared with the results obtained with the Polhamus

Formula. From this comparison an error-function was found. The

error thus found is added to the value for the lift-curve slope

found with the Polhamus Formula to yield a corrected value for the

lift-curve slope. The derivation of the error function is given

in Appendix A. The error function is given by:

_R< 4:

_R> 4:

KpOL = I- (1.87- .42399-ALE)- ._R/100 (11.2.2 a)

KpOL = 1-([8.2-2.30.ALE]- [ .22-.153.ALE ].._R )/100 (iI.2.2b)

where: ALE in tad.

The corrected lift-curve slope is now given by:

CL ffi_OL " CL " (11;2.3)

=C01_ =

11.2 .I



To convert sweepangles of one chord position to another, use is

madeof the following formulas (Ref. 11.2.1):

= TANAc/4 _RI(__$___)i- ),TANAc/2

= TANAc/2 + 2_R (T-_)I- XTANALE

For a ratio of wing span to fuselage diameter, b/d>2, the following

approximation may be made:

-- f,,/ }d_

_WB H _W H 5

where :
2

The lift-curve slopes for wing and horizontal tail may be found

using Equations (11.2.1) through (11.2.5). The downwash ratio

dE/de may be found using Section 11.3.

(11.2.4)

(11.2.5)

(11.2.6)

(ll. 2.7 )

The effect of flapdef[ection on liftcurve slope may be found from:

/ " 14; _r_H ¢¢Pely

where:

(ii .2.8)

c'/c is the ratio of wing chord with flap deflected

to wing chord with flap retracted.

Swf/S W is the ratio of the flap-affected wing ar_a to
the win_ reference area. The flap affected wing
area is a function of flap span and does not in-

clude any increase in wing area due to flap ex-
tension.

11.2.2 REFERENCES

11.2.1: Dr. Jan Roskam

11.2.2: Dr. C.E. Lan

11.2.3: Hoak, D.E.;

Ellison, D.E.;

et al.

Methods for Estimating Stability and
Control Derivatives of Conventional

Subsonic Airplanes. Roskam Aviation

& Engineering Corporation, La_Tence,
KS. 1977.

Lifting Surface Computer Program,

University of Kansas, Aerospace Depart-
M ent.

U.S.A.F. Stability and Control Datcom

.Flight Control Division, Wright Patterson

Air Force Base, Ohio 45433.

!
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11.3 DO_,.Z4ASH BEHI_ THE WING

11.3.1 INTRODUCTION

The downwash behind the wing is frequently needed for the calcula-

tion of other variables. Therefore, it is useful to have a subroutine

for its calculation.

11.3.2 DERIVATION OF EQUATIONS

Reference 11.3.1 provides the formulas for this subroutine. The do_m-

wash may be found from:

CL

 MdE(")= d-_iM= 0 CL

_W IM=0

(11.3.1)

For the downwash gradient at low speeds, the following formula is

applicable:

M=0

where:

- _._ (K,K,,h"¢'/_ ,,4)1"_-9

KA = I/_ 1.7
I+;R

(Correction factor

for aspect ratio)

(11.3.2)

(11.3.3)

I\ _ =

i0- 3_

7

b

(Correction factor

for taper ratio)

(Correction factor

for geometry)

The parameters £H and _ are defined in Figure 11.3.1.

(11.3.4)

(11.3.5)

11.3.1
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{ - . o Plane

Figure ll.3.1: Geometric parameters for horizontal tail location

II. 3 •3 REFERENCES

11.3.1 Roskam, J. Methods for Estimatin$ Stability and Control Derivatives

for Conventional Subsonic Airplanes. Roskam Aviation & Engineering

Corporation, Lawrence, KS., 1977.
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11.4 VARIATION OF PITCHING >'O'._NT WITH A_NGLE OF ATTACK_ CM
a

The computation of this derivative has been discussed in chapter 6,

Longitudinal Stability.

11.5 VARIATION OF DRAG COEFFICIenT WITH FORWARD SPEED,_CDu

This derivative is usually negligible in the subsonic _ch range and

is not computed in this program. _/hen required, it may be computed from the

B drag-polars at higher Mach according Equationnumbers to 11.5.1:

= aCD

B CDu _T- M

i
l

H
!

|

(ii. 5. I)

!

Where : M

aCD

aM

is the Mach number in steady state flight, for

the condition considered.
l

is the slope of the curve of drag coefficient

versus }_ch number at the Math number considered.

I

|

W
11.4.1 i



11.6 CL , VARIATION OF LIFT COEFFICIENT WITH SPEED PERTURBATIONS

11.6.1 DERIVATION OF EQUATIONS

According to Reference 11.6.1, CL can be estimated from:
u

= [ M 2
CL

u [ 1 - H 2
CL (ii. 6. I)

where: M is the Mach number and CL is the lift coefficient.

11.6.2 REFERENCES

11.6.1 Roskam, J. Methods for Estimating Stability and Control Derivatives

o_f Conventional Subsonic Airplanes. Roskam Aviation & Engineering

Corporation, Lawrence, KS., 1977.

11.6.1



C ; VARIATION OF PITCHING HO>_NT COEFFICIENT DUE TO SPEED
m

U "D'_ D _PT T'D 'D &"P T/_%T_ C
A ,I.,A_.J. U A_.._,_A J. ,.&. ,,../_'1,,.._

m
u

DERIVATION OF EOUATIONS

Reference II.7.1, pp. 4.1, eq. 4.3 gives Cmu

l Cm = -CL _ M
u

as:

(11.7.1)

where: CL is the lift coefficient

_c W is the non-dimensional aerodynamic center of the wing

M is the Mach number

|

!

Because _X /2 M is very hardjif not impossible to determine analytically,
ac W

reference 11.7.1 suggests plotting XacW v.s. M for Mach numbers adjacent to

the cruise Math number and drawing a line through the points. The slope of

!
I
R

B

!

the line is _%c W/_M.

Figure 3.9, page 3.12 in Reference 11.7.1 presents families of curves

for the parameters:

i
ac

CR

L

X' is the wing a.c. location measured positive aft
ac

along the root chord. C_ is the root chord.

is the wing taper ratio.

A tanALE A is the wing aspect ratio, ALE is the leading edge

sweep angle

taniE8 8 = M 2

|
tan ALE 8 = - M 2

.

|

|
11.7.1



The pertinent wing geometry is given below in Figure 11.7.1:

F

a'C'w .C.

____._----- ]
I Ymac _I

I
!

§

Figure 11.7.1: Wing geometry

in terms of X'
From Figure 11.7.1, it is possible to find Xac W ec

ALE, and c:

or:

, Y

Xacw X ac - Ymac rangE I

!

X ac - Ymac tanhLE

ac W _ (ii. 7.2)

The computation of X' is done with function "ACF_f" and is described
ac

in Chapter 6.

11.7.2
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Corporation, Lawrence, KS., 1977.
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q

This derivative is usually negligible in the subsonic Mach range, and

therefore is not computed by the program.

11.8.1
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11.9 CL , VARIATION OF LIFT COEFFICIENT WITH PITCH _%TE

11.9.1 DERIVATION OF EQUATIONS

Reference 11.9.1 presents the method used for calculating CL
q

CL may be considered to be the sum of a wing and tail contribution
q

where the fuselage effect is usually small.

CL = CL + CL

q qw qH

(11.9.!)

For the wing contribution:

=(A+ 2 cos Ac/4)CL (rad_l)CL AB + 2 cos

qwlM A.=14 qwlM--O

where:

qw]M=0 _ LawIH=0

A is the aspect ratio

(rad -I)

I ]3 is the compressibility factor

=_II- M 2 cos 2 Ac/4

(11.9.2)

(ii. 9.3)

!

!

I
11

1

!

I

Ac/4 is the quarter chord sweep of the wing

(11.9.1)

is the distance (positive rearward) from

the airplane center of gravity to the

aerodynamic center of the wing.

is the wing mean geometric chord

CL

%
is the lift-curve slope of the wing

M is the Mach number

11.9.1

- -_-w. - ..



For the horizontal tail contribution:

CL = 2 CL nH VH (rad-l)

qHIM _HIM

where:

(11.6.5)

CL

C_HI M

n H

is the lift-curve slope of the horizontal

tail

VH

is the ratio of dynamic pressure at the

horizontal tail to the free stream dynamic

pressure

11.9.2 REFERENCES

11.9.1: Roskam, J.

is the horizontal tail volume coefficient

Methods for Estimating Stability and Control

Derivatives of Conventional Subsonic Aircplanes.

Roskam Aviation & Engineering Corporation,

Lawrence, KS. 1977

I

]

]
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Ii.i0 C , VARIATION OF PITCHING _[O_[ENT COEFFICIENT WITH PITCH P.%TE
m

q

ii. I0.I DERIVATION OF EQUATIONS

Reference II.i0.i presents the method used for the calculation of the

C derivative.
m
q

C
m

q

may be considered to be the sum of a wing and a tail contri-

bution where the contribution of the fuselage are usually small.

C =C +C
m m m

q qw qH

(II.i0.i)

For the wing contribution:

C
m

qwl M

where:

A3tan2Ac/4 3 ]

AB + 6coSAc/4 +

A3tan2Ac/4

A + 6cosAc/4 + 3

(red -1)

C
m

qw IM=0
aW L A + 2cOSAc/4 +

(11.10.2)

A

i A3tan2Ac/4 1 ](_)A + 6cosAc/4 +

is the aspect ratio

(rad -I) (11.10.3)

B is the compressibility correction factor

= _I - H2cos2Ac/4 (11.10.4)

Ac/4
is the quarter-chord sweep angle of the

wing

c is the mean geometric chord

................ 1110__.__,.__.__•i .......



X
w

is the distance from the aircraft center

of gravity to the wing. aerodynamic center

(positive rearward)

is the spanwise average value of wing

section lift-curve slope

K is the correction constant for the wing

(Figure ii.i0.I)

1.0 ..............................

.8 _2_-÷_------_:-:-_-_ ---:--_;i_N

::::.--=r ::::: :.... :. ,: : .: :: ::...i :i-!:::i:::.: ::_:ZIF_:: F-:2:.:. :r:i :.=_.:_-':{_-:_

:_::ffLt'--".:!_!:.!--:i_!iZ:i::_::: :::_::i_2::L-q_%:_:_:-:_-_;_r_:'::_::;:.::_:::_:_:_:-_-::-.:._-_-=.'._,

• _--_::: _': _ . - • ;;-: : • "_ . ._::: ..-;T:==============================================

0 2 _ _, _ Io 12

!

|
!

!

!

}

Figure ii.I0.i: Correction constant K for wing conurlbution

For the horizontal tail contribution:

C
m

qH

= -2 CL n_ VH 5 (rad -I)

=H c

(11.10.5)

where:

CL

aH

is the horizontal tail lift-curve slope

11.10.2
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I

i

H

n H is the ratio of dynamic pressure at the

horizontal tail to free stream dynamic

pressure

is the horizontal tail volume coefficient

is the distance from the aircraft center

of gravity to the aerodynamic center of

the horizontal tail

is the mean geometric chord of the wing

II.i0.2

II.I0.I

REFERENCES

Roskam, J. Methods for Estimating Stab_ilit_" and Control Deri-

vatives of Conventional and Subsonic Airplanes. Lawrence, Ks.,

1977.
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!.ii C D. , VA_IATION OF DRAG COEFFICIENT I',"IT}]A';GLE OF ATTACK P_.'IE

his derivative is usually negligible in the subsonic Mach number range

nd hence is not calculated by the program.
E
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11.12 CL. , VARIATION OF LIFT COEFFICIENT NIYH ANGLE OF ATTACK _\TE

I

|

I

I

!

i

|

i

!

|

i
!

11.12.1 DERIVATION OF EQUATIONS

Reference 11.12.1 suggests that the following relation be used to

estimate CL.:

CL" = CL" + CL" (tad -I) (11.12.1)

where:

- dE
CL. = 2 CL nH VH(_a ) (rad -I)

a H att

(11.12.3)

Because the major contribution to CL. is the CL.

it is suggested to use

CL. = (1.2) CL.

a =H

component,

(11.12. j±_

or:

CL.= (2- 4) C L

= aH

(_ (tad-1)
nH H\da /

(Ii. 12.5)

11.12.2 REFERENCES

11.12.1 Rosk_m, J. Methods for estimating stability and

control derivatives of conventional

subsonic airplanes.

Roskam Aviation & Engineering Corp-

oration, Lawrence, Kansas , 1977.

11.12.1
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11.13 , VARIATION OF PITCHING MO.X_._:T COEFFICIENT WITH ANGLE OF ATTACK _'-.-_EEC
--nl

11.13.1

Reference 11.13.1 gives

DERIVATION OF EQUATIONS

Cm_ as: ;_

m" = Cm + Cm" (rad -I) (11.13.1) _

o _w °H

triangular wings, no explicit methods are available to estimate I

:m- is small, it will not be used. i

° w

!

:m" = Cm (rad-l) (11.13.2)
o gH

_H/de \ -i

:m' = -2CL nHVHr_) (rad) (11.13.3) I

o o H

I

I
NCES

Roskam, J. Methods for Estimating Stability and Control

Derivatives for Conventional Subsonic Airplanes."
Roskam Aviation & Engineering Corporation.

Lawrence, KS. 1977

I

C

Except for

C Because C
m"
o
w

C

where:

C

so: C

11,13.2 REFERENCES

11.13.1:

11.13 .i
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] 11.14 VARIATION OF SIDE FORCE COEFFICIENT WITH SIDESLIP _NGLE, CyB

ii.14.1 DERIVATION OF EQUATION

!

i

This derivative can be estimated from:

= Cy + Cy
CY8 _w 8B

+ Cy + Cy

8v 8p

(ii. 14. !'-

The contribution of the wing, Cy , is only significant in the case

8W

where nonzero dihedral angles are considered. For modest values of

wing sweep angle (up to 30 deg), the contribution due to wing sweep is

I

|

!

negligible (according to Reference 11.14.1).

the following formula for the calculation of thewing effect.

Cy = -.0001 Irl s7.3 (rad -I)

8w

where: F is the geometric dihedral angle of the

Reference 11.14.2 suggests

(11.14.-';-

I
I

I

wing (in deg)

The fuselage contribution, Cy , may be estimated from:

_B

Cy = -2 K. (red -I)

BB i T

(ii. 14.3)

I

!

!

where K.
l

so

is a wing-body interference factor, a

function of wing position (high-low),

maximum body height at wing body inter-

section, d. This parameter may be ob-

tained from Figure 11.14.1.

is the cross-sectional area of the

fuselage at the point X 0 where the flow

m

:_" Ii •14 •i



ceases to be potential. The distance X 0 is

a function of X I, the distance from the nose

where dSx/d X first reaches" its maximum negative

value. X 1 is usually quickly obtained by in-

spection when the equivalent fuselage is modeled

using straight lines. For cases that are doubt-

ful, the fuselage cross-sectional area distribution

should be plotted. X 0 may be calculated according

to Reference 11.14.2 as

[ (x l]xo: % 378+ 527 _ (lll4_) ]

where _b is the fuselage length.

NOTE:
X I X 0 X I

£b £b when £b .799

ALL SPEEDS

|.2:

II. 14.2
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I

|

I

I

!

|

I

|

!

The contribution for the vertical tail (Cy ), in the case of

8v

the vertical tail in the plane of symmetry, may be obtained from

4. e _ _.,.,a,. _...,I.A,_ er._,. % ,.L J. 6 _.'-r . J- ) o

Cy = -k CL

sv _v

do SV

(i +_) nV _- (rad -I) (ii.14.5 )

where: k is an empirical factor that takes the

body influence into account, defined

in Figure 11.14.2.

( do)I +_ _V takes the sidewash at the vertical tail

into account. This term may be obtained

from (Ref. 11.14.1):

i +_ nv = .724 + 3.06 1 + cOSAc/4 + .4 -_ + .009A_ (11.14.6)

where S, At/4, ZW, and _. are wing variables. _I is measured

vertically from the airplane CG to the wing, positive downward. SV is

area of the vertical tail to include the area enclosed within the fuse-

lage to the fuselage centerline.

Us

e , ,,,,

/
/

/ !

Reproduced from ]_eference 1

I '

4O l 2 3 • 5

_c
bv/2r i

Figure 1!.14.2: Empirical factor for escJ_aCing z£deslip

der£vactve for s_.ngla verc£ca] tails

t%
Note: Defined in Figure ii.14.3.



CL
_V

where:

is the vertical tail lift-curve slope.

This variable may be obtained from the

Polhamusequation (see Chapter 11.2),

using the effective aspect ratio _EFF

instead of ARV. This effective aspect ratio

may be obtained from:

(Ii. 14.7)

= bV2/SV (Ii.14.5)

_(B)
is the ratio of the aspect-ratio of the

vertical panel in the presence of a body

to that of the isolated panel; may be

found from Figure 11.14.3.

_V(HB)

_V(B)
is the ratio of the vertical tail aspect

ratio in the presence of the horizontal

tail plus body to that of the tail in the

presence of the body alone. This ratio

is given in Figure 11.14.4.

is a factor that takes the relative sizes

of the horizontal and the-vertical tail

into account; given in Figure 11.14.5. d

1
!

I

]
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Re[roduced from Reference 1

li

Figure I!.14.3: Effect of body interference on aspect ratio,

usad for estimating sideslip derivative for

single vertical tails

I_L=

D

0

I Reproduced fro= Refere",ce'l i

1

_(l) ASPECT RATIO IN TIlE PIIEaE.XCE OF '
THE IlORIZOXT_[. TML _N l I_O:_Y
I"O THAT OF "IIIE PANEL |N TIIK ",

PRF-SENCE OF TIlE BODX ALONE "_

_ -- PARAM..PTI;R .%CCOUNTI._,: FOR t
RELATIVE l'O#ITlnNf- OF THE
IIORIZON'['AL AND VEP, rlCAL TAILS i

i

.... or _E"3-----"I
HOB IZONTAL._-_I_ p- A "[

•
F_.$ELAG£ C£NTF.KL4N£

!t!
-1:0

-Fisure-11.14.&: E_fect of horizontal tail interference on

aspect rsc£o, used for estimatinE the side-

slip derivative for single vertical tails

No_e: -Use the position of the vertical tail quarner chord line.
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Reproduced fr_l

/

• ' i i i J !
Reference 1 1i ,| _ n T _ ,

K. -- FACTOR ACCOL'_T;NC ton . ',T T'T -

5E _ HORIZO.NTAL TAIL AREA/
i 5, E%_RTICAL TAH, A_K_ _fE%SL'RED

I I FRO.',|FUSEI-*.GE CE.NTE!{L|NE
b, = V'ERTIC.*.L TAIL 5PAN. :,'EASURED

FROM FUSELAGE CE.NTERLINE

,. = VERTICAL DISTANCE I!.ETTEEN
HOI_b_ONTAL $URFACI ROOT CHORD

A_D FCSELAGE CE:;TERLIP;E. P,:,._.ITD,'
FOR SUItFACE BELOW FLzELACE

.... CFNT-rR LIN'E

i I & " ,_, ='.o

S,/S,

FIEure ii.14.5: Factor accouting for relaclve size of hori-

zon=al and vertical tail

The contribution of the propeller, Cy , may be obtained in a

8p

similar way as in Chapter 5 for the normal force of the propeller

angle of attack, _ . Reference is made to this chapter for the
P

derivation of the propeller normal force coefficient. The propeller

angle of sideslip, Bp, is assumed to be equal to the sideslip angle S.

For tractor propellers this seems to be reasonable. For pusher

propellers, however, the exact angle of attack in the X-Y plane

is not easy to estimate. It is conservative to assume that Cy8

P

is zero in this case.

Curve fitting routines produced the following relationships for

certain figures as noted:

For the correction factor for wing body interference (Figure

Ii.14.1):

or

ZW ) ZWKi = 1 - .85 d-_ f°r d-7_ < 0 (11.14. 9 )

ZW ) ZW
Ki = I + .495 _ for d--_ • 0 (i1.14.!0)

Ii. 14.6

..... _ _ .......... __.._,_. . ....... ..........__m--____ .......... i:___--, ........__.
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|
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For the influence of body interference on aspect ratio

(Figure ii.14.3):

_V(B)
--.n2+ .9031(2_) _ .23n(2_)

1 1

2

bV
for < 3

2r.
l

or

mY(B)
2

bv

(ii. 14. Ii)

(11.14.12)

I

I

I

I

For the empirical factor of Figure 11.14.2:

K = .76 for bv/2r i < 2

(bv )= .76 + _-2 .16
i

for 2 < bv/2r i < 3.5

(11.14.13)

(11.14.14)

K = i. for bv/2r i > 3.5 (II. 14.15)

For the horizontal tail interference factor (Figure 11.14.4):

I

i

!

I

!

_(B) 1.0429 + .6085 _V + .4285 bv /

Ztt

for _V -> -'5

or [ zH_V(I{B) _ 2.4029 + 5.4036 + 4.6786

I +(x _)(_)(_+_v

for _V < -" 5

|
Note: An average value of %V = .8 was used.

(11.14.16)

(ii. 14.17. )

|
ii. 14.7



For the effect of relative size of vertical and horizontal

tail:

% = 0385 + 1.2244 SHT .3488 /_2SHT_
• SVT S_T

\ /
(ii. 14.18

Ii. 14.2

ii. 14. i

11.14.2
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11.15 C_8, VARIATION OF ROLLING MOMENT COEFFICIENT WITH SIDESLIP ANGLE

ii. 15.1 DERIVATIO___________NOF EOUATIONS

Reference 11.15.1 presents the method used for calculating .
C£ 8

I C£8 may be estimated from three contributions: the wing, the horizontal

. tail, and the vertical tail.

C£ = C£ + C£ + C£ (ii.15.!)

I 8 8WB 8H 8v

The wing body contribution is found from:

H I c_ _c_ \
,f-k _ +--q-_-I+(,,c,,)+

! \ "_ i _:<.,
/ k]AC£

.,i

J where:cLWB= CL is the steady state lift coefficient.

I (,)
m -6[--._ is the wing sweep contribution obtained

L Ac/2 from Figure ii.15.1.

_A is the compressibility (Math number)

correction to sweep obtained from Figure11.15.2

N _ iS a fuselage correction factor which may be

I obtained from Figure 11.15.3. An independent

I
ii .15 .i
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i
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J
J

J

is the aspect ratio contribution obtained

from Figure 11.15.4.

is the wing dihedral angle, positive up

is the wing dihedral effect obtained from

Figure 11.15.5.

_r
is the compressibility correction to

dihedral obtained from Figure ii.15_6.

is the body-induced effect on the wing

height and is given by:

where: b is the wing span, and

d is given by:

d = ave_ fuselage .7854cross sectional area

AC£ _ is another body induced effect on the wing

\

8/ZW
height given by:

(,).c_ z_ _,._ ( _-_e_-_

where: ZW is the vertical distance from the wing

root quarter chord point to the fuselage

centerline, pos_tive downward.

d is the same as in equation (11.15.4)

ii. 15 •4

I
I

(11.15.3) ]

I

(11.15.4) I

1

I
(ii. 15.5)

I
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study by the author shows KF = I is a more

accurate assumption. (¥F = i is reflected

in the program.)

etanAc/4
is a wing twist correction factor obtained

from Figure 11.15.7.

O is the wing twist between root and tip

sections, negative for washout.

The contribution of the horizontal tail, C£ , can be approxi-

Bn
mated by:

SH b H

C£ = C£ S b

BH BHB

(ii. 15.6

where:

C£BH B

is found from Equation (Ii.15.2), treating

the fuselage-horizontal tail the same way

(and using CLW _ the CL of the horizontalH

tail).

The contribution of the vertical tail, C£ , can be estimated

8V

from:

(Zvcosa - _vsin=)

b

-i
tad (ii. 15.7)

where:

Zv and £V are defined in Figure 11.19.2a, and

C

Y_V

is calculated from the methods of Section

11.14.

ii .15.7



ii.15.2

11.15.1

REFERENCE S

Roskam, J. Methods for Estimating STability and Control Derivatives

for Conventional Subsonic Airplanes. Roskam Aviation &

Engineering Corporation, l.awrence, KS.1977.
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11.16 V_2.1AT!ON OF YAWING MO:-_NT COEFFICIENT WITH SIDESLIP ANGLE C

n B

11.16.1 DERIVATION OF EQUA_I0,,S

Reference 11.16.1 provides the follo_-ing method for the calculation

of this variable.

For a tail-aft configuration this derivative may be broken

up in the following contributions:

C =C +C +C +C

n B nBn8 W nB B nB V
P

Usually, the wing contribution C is small, except at high

n8 W

angles of attack. In that case it may be calculated using a formula

from Reference Ii. 16.2.

Wing yawing moment deriva_.ive at low speeds:

nBW I tanA AR2 s"= _ _R X c/4c/4 , cosA ,. +6--

CL2 _AI(ZR + 4cosAc/4) \ Cl4 2 8cosAc/4 c
M=0

(11.16.1)

(rad -I)

(11.16.2)

where: X is the longitudinal distance from the

center of gravity to the wing aerodynamic

center, positive rearward.

At high sweep angles the above formula is no longer correct.

In that case, the Prandtl-Glauert Rule may be applied to yield a

correction for the first order three-dimensional effects of compres-

sibility. The resulting expression is:

Ii. 16. i



CL2IM c°sAc/4

(Ii .16.3)

where:

B = _i - M2cos2Ac/4 (11.16.4)

The body contribution, Cn , including the interference effect
8B

of the wing on the body, may be found using:

C

n8 B
---57.3[_ I SBSh_B]KR_i--_jyJ (red-l)

(11.16.5)

where: K N is an empirical factor for body and body

!

!
|

and wing effect, found from'Figure 11.16.2.

is a Reynolds Number correction factor

for the fuselage, found from Figure 11.16.2.

SB S

B

is the projected side area of the body (only).

is the length of the body.

I I.,. X _._ i_ . _ 1 __-__

. _' riB/4 . "i
-, 1B =

Fig.ure ll.15.1: Definition of EeomeCrlc parameters.

g
I
!
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The vertical tail contribution, Cn , may be obtmined from:
_v

I_vCOS_ + Zvsin_ )C = -Cy (tad -I)

nSv BV b

where:

£V and ZV are defined in Figure ]1.16.1.

The side-force derivative Cy may be

Bv

obtained from Section 11.14.

(ii. 16.6)

r

The power term, Cn '

Bp

or Equation 5.68 for jets.

is obtained per Equation 5.56 for propellers

Curve fitting methods yield the following approximations for I

Figures 11.16.2 and 11.16.3:

H2 |I
_ .nl#--c'_ Y

÷ 1.0794 _ _,Wc/ _(.001) - .0005 (11.16.7)

where:

H 3/2 2

+ 2. \n2! •
(11.16.8)

!

U

r
11.16.4



X
• C _

Y = 3.01&29 t£--_ - .2) + X1 (11.16.9)
D

£2 £2 2

X I 3.4 - 7030325 (-5 - 2.5) + 0539969 (-b - 2.5)

= . SBs " SBs

_2 3

- .0014243 (__5_5_ 2.5)

SB S

(11,16.10)

k = -1.830754 + .20494 • Ln (R£)
(ii .16 .ii)

where: R£ is the Reynolds number of the

|
i
i
I

Ii.16.2 REFERENCES

11.16.1 Roskam, J.

11.16.2 Hoak, D.E. &

Ellison, D.E.

Methods for Estimating Stability and

Control Derivatives of Conventional

Subsonic Airplanes, Ros'kam Aviation

& Engineerin E Corporation, Lawrence,

KS, 1977.

USAF Stability and Control Datcom; Air

Force FliEht D,_namics Laboratory, _JriEht

Patterson Air Force Base, Ohio, 45433.
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11.17 C , VARIATION OF SIDE FORCE DITE TO ROLL RATE PERTURBATIO._[S

--Yp

ii.17.1 DERIVATION OF EQUATIONS

C

Yp

Reference ii.7.1, page 8.1 gives C as:

Yp

/ZvCOS_ - £ sin_\

-- C = 2_ _ v jCYSv (rad-l) ,YPv

C is obtained from the C

Y8 Y_
v

subroutine, section 11.14.

(11.17.1) 0

!

11.17.2 REFERENCES

11.17.1 Roskam, J. Methods for Estimating Stability and Control

Derivatives for Conventional Subsonic Air-

planes, Roskam Aviation-& Engineering Cor 7.

Lawrence, KS, 1977.
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11.18 C£ , VARIATION OF ROLLING MOmeNT COEFFICIENT WITH ROLL _4TE
P

PERTURBATIONS

II.18.1 DERIVATION OF EQUATIONS

According to Reference 1].8.1, C£
P

follows:

, C£ = C£ + C£ + C£

P PWB PH PV

and: (JB .C£p )C£ = C£ = K

PWB PW

can be estimated as

I

I

i

I

!

I

where:

pcz)K

C£

.%1
K=

2g

is the roll damping parameter

avg.

/3= _II - M 2

(Ii. 18. !)

(11.18.-")

"(Ii. 18.2a)

(ii. 18._'b)

(_ C£Pli_ found from Figure 8.1 of Reference 11.18.1. This figure
\ K l--

is reproduced here as Figure 11.18.1, and its use is explained in

Section 11.18.2.

_k

PH P H

where: //_ C_ _ K

! (%)-_-__
It

I
8 c_ )_K is found from Figure 11.18.1 using the horizontal

tail geometry.

ii. 18. i

(ii. 18.3)

(ii. 18.._a)
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2

PV _V

(ii.18._)

where : ZV is the vertical distance from the body

X-axis to the vertical tail aerodynamic

center, as shown in Figure 11.18.2.

_ iv ___

• Z V,o__-.,_,_ _, _-_

Figure I1.18.2: Geometry for de=ermining distance

vertical tall A.C. =o body X-axis

11.18.2 DESCRIPTION OF THE METHODOLOGY

The C£ methodology is straight forward and involves the inter-
P

polation of Figure 11.18.1.

The limitations of the subroutine are as follows:

I) .25 < % < 1.0

2) 0 ° < A 70 °
- 8

-i

where: A 8 = tan (tanAc/4/8)

8 = _ i - M 2

3)
A_

1.5 < :-='"< I0

where:

8 =_i - M 2 C£ -

=Wlav_.......
A = Aspect Ratio K = 2_

|

I

|

!
|

II. 18 •4



__wl

Any limitations in the Cy subroutine also apply because

the C£ subroutine obtains Cy from =he former.

p

5) M < 1.0

11.18.3 REFERENCES

11.'18.1 Roskam, J. Methods for Estimating Stability and Control Derivatives

of Conventional Subsonic Airplanes. Printed by the author.

519 Boulder, Lawrence, Ks., 1971.
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-11.19 .I-

• VAaZATIO_ OF Y;,_<i,':O>tO'_E_TCOEFFIClE_T _,:!7HROLL m_TE
11.19 C_np,

PERTURBATI ON

11.19.1 DERIVATION OF EQUATIONS

Cnp is estimated in the conventional manner, as the sum of the wing

contribution and the vertical tail contribution'.

= +
Cnp Cnpw Cnpv (11.19.1)

The following equations used to determine Cnpw and Cnp v are equations

(8.7) through (8.11), pages 8.2 to 8.3 from reference l_.Ig.1

The wing contribution can be expressed as:

Tan a - [- C£p Tan a - %1

Co_w_w _,i_0
&C

8 -- n6F6F
a 6F6F

+

(11.19.2)

where:

C£

Pw

(x

CL

is the wing contribution to C£
P

is the wing angle of attack (_ = a A/C )

is the wing lift coefficient (C_4 = CLA/c)

C
n

!

L ICL = 0
|
;m

C
n

(c-2)

L I;L= 0

is the slope of the yawing moment due to rolling at zero

lift given by:

A + 4 cos_/4] Ag+ ½(AB+ cOS_l 4)tan 2

= [A_+ 4cos½/4 [ _ c/_
A + ½(A + cos _/4) tan2 _/4

C
n

](c--m-l

=0

(11.19.3)

11.19.1

(-1

L_

t

i

!

I

I

!

i

I

!

I

.,]



]

I ,--,here: B = N! - ........l

T"2r_2AC/4

1 c
n

( )

=0

1

I

1

!

is the slope of the low-speed yawing moment due to

rolling at zero lift given by:

tan _/_
Cn A + 6(A + cos %/4 )(x A

tan2 _/4)
+ 12

] (11.!_._)

where: x is the distance from the center of gravity to the aerodyna.-"c

I

!

center of the wing,positive when the a.c. is aft of the c.g.

is the wing mean aerodynamic chord.

Referring to eq. 11.19.2 again:

I
where: AC

n

-----_ is the effect of linear wing twist obtained from Figure 11.!9.1
8

I
I

I

!

I
!
I

I

O is the wing twist in degrees, negative for washout

_C
n

is the effect of symmetric flap deflection obtained from

a 6 6F

F Figure 11.19.2

is the streamwise flap deflection in degrees.

a_
is the two-dimensional lift-effectiveness parameter, obtai_e_

from Figure 11.23.2 and reproduced here as Figure 11.19.3.

The vertical tail contribution to C
n
P

can be estimated from:

C
n

Pv

Z cosa -£ sinu

= - _[_vCOSa + Zvsina][ v b v ] C-= (11.19.5)

Y8 v

where: £ and Z are defined in Figure iI.18._a.
v V

I 11.19.2
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11.20 VARIATION OF SIDE FORCE COEFFICIE?$T WITH YAW _TE, Cy r

11.20.1 DERIVATION OF EO_ATIONS

Usually this derivative is of minor importance. It can be easily

calculated however, and Reference 11.20.1 suggests the following formula:

= 2 (_vCOS a + Zvsina)CCyr Cyr.= -
V YBV

where £V and ZV are defined in Figure ii.16.1

¢11.20.1)

Cy is computed in section 11.14.

Bv

I

!

!

11.20.2 REFERENCES

11.20.1 Roskam, J. Methods for Estimating Stability and Control Deri-

vatives for Conventional Subsonic Airplanes. Roska-_

Aviation & Engineering Corporation. Lawrence, Ks.

1977.
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II A nl" II11.21 SUBROUTINE CL_:_ (CLR), VARIATION OF ROLI,INC MOHENT WITH YAW

RATE

11.21.1 DERIVATION OF EQUATIONS

Reference 11.21.1 indicates that C£ may _e estimated from:
r

C£ = C£ + C£

r rw rv

The variation of the wing yawing derivative with lift coefficient

is given by:

(11.21.1)

I

I

\6FF/
rw \ LICL=0 a--_-_= OF F

IM

(rad -I)

(11.21.2)

where :

_{co
L

is the slope of the rolling moment due to

yawing at zero lift given by:

l

|

I

CL iMCL=0

where:

i+
A(I" - B2) AB+2cosAc/4_tan2Acl4._

2B(AB+2cOSAc/4 )+AB+4coSAc/4_ 8 "j_C£r__

A+ 2cOSAc/4_tan2Ac/4 k CL I

(11.21.3)

B = _i - M2cos2Ac/4 (11.21.4)

is the slope of the low-speed rolling moment

due to yawing at zero lift, obtained from

Figure 11.21.1 as a function of aspect

ratio, quarter chord sweep, and taper ratio.

I

I

-I

|

11.21.1
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CL is the wing lift coefficient

AC£
r

F

AC£
r i

F 12

is the increment in C£
r

given by:

due to dihedral,

A sin Ac/4 (rad_2)

A + cos Ac/4

(11.21.5)

is the geometric dihedral angle, here in

radians, positive for the wing tip above

AC_
r

O

0

the plane of the root chord.

is the increment due to wing twist obtained

from Figure 11.21.2.

is the wing twist, negative for washout

AC£
r

6F

is the effect of symmetric flap deflection

obtained from Figure 11.21.3.

is the streamwise flap deflection in degrees.

is the two dimensional lift-effectiveness

parameter _6 obtained from Section 11.23.

The vertical tail contribution is found from

C£ =-2----(£V cosa + ZV sin _)(Z V cos _ - £V

rv b 2

where:

£V and Zv are defined in Figure 11.16.1 and

C is determined in Section 11.14.

YgV

sin a) C

Y8V

I

I

11.21.3
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Ii. 22 VARIATION OF YA;..'ING.L_;,"_\m'"_,_,_COEFFICIEYT WITH YA',;_%TE, C
n --

11.22.1 DERIVATION OF EQUATIONS

Reference 11.22.1 indicates that this derivative can be esti-

mated from:

Cn = C + C (11.22.1)n n

r rW rV

The contribution of the vertical tail follows from:

Cn 2 |rv --7 (£V COS _ + Zv SIN e) 2 C (11.22.2)Y8v ._

where: £V and ZV are defined in figure 11.16.1,

C follows from section 11.14.

YBv

The wing contribution may be estimated from a series of graphs

in refence 11.22.1, based on experimental data, as a function of

wing sweep, taper ratio, aspect ratio, lift-coefficient and zero-

llft drag. A close examination of these graphs revealed tha:, for

!

I

!

I
the class of airplanes considered in this report, the average con-

tribution of the wing is 7.5 % in the negative sense. Since this is

a relatively small value that does not vary very much for different

wing planforms, this value was used to adjust the contribution of

the vertical tail. The result is:

|

i
!

Im

Cnr 1.075 --_ (£V COS a + Zv SIN _)2C (11.22.3)
Y8v

11.22.2 REFERENCES

11.22.1 Roskam, J. Methods for Estimating Stability and
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Subsonic Airplanes, Roskam Aviation &

Engineering Corporation, Lawrence,

KS, 1977.
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g 11.23 LONGITUDINAL CONTROl, DERIVATIVES

g 11.23.1 INTRODUCTION

This chapter describes the computation of the longitudinal

control derivatives. The method that calculates lift increment

with flap deflection is valid only for the so-called plain flap

g type. See FigurelL2_i. It should be pointed out that this method

I is equally well suited for the computation of variation of lift

coefficient for control surface deflection, and therefore is

I written in a generalized form.

I 11.23.2 DERIVATION OF EQUATIONS

I 11.23.2.1 VARIATION OF LIFT COEFFICIENT WITH FLAP DEFLECTION

The derivation of this derivative is based on Reference

I 11.23.1, unless otherwise indicated. " The layout of the lifting

surface and the control surface is as indicated in Figure 11.23.1.

; J
o0 . , t___o____

• ",_.

|
!
I
!

b/2

%

F1sure 11.23.1: _=ome=ri¢ Paraaecers for Control Surface F1_p

11.23.1



The derivative CL_ maybe estimated from:
oF

CL (a6)

al M CL

CL = C_

_F "_F C£ (a6)
aiM C£

where:

is the lift-curve slope of the surface

without flap deflection, obtained from

Section 11.2.

(11.23.1)

is the section lift-curve slope, corrected

for Mach number:

C£ = C£ /_i -1.12

a IM a

(11.23.2)

CL

C£

is the factor that takes three dimensional

effects into account. It is given in Figure

11.23.2 as a function of aspect ratio, ._,

C£6flap

and the value of (a6) =

CL (C£a)
surface

based on experiments.

J

If these data are not

available, it may be obtained from the inset

of Figure 11.23.2. Average values for CF/C w

may be used.

11.23.2
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IIl/i i| _ 6 _J _ i

, . i!! i,-°|
"_" l" r t "F--..L,-'_,'J.

!.0 0

I / ] Ir 1 I._ e, o. flap chord on f3.a_ _f,

I _ a _c r :hat takes the :p

of the flap into account, t

I fr m F.gure 11.23.3 as a I _c

I ratio 1h and span ratio q = bT2

i C£ is the section ift effecti ene:6F
may be obtained from the f llo_

c_. ,, __ ! c_ 6

L\ F/TheoryJ "Theory

Fisure 11.23 2: Influence of flap chord on flap effectiveness

is a factor that takes the spanwise position

It can be obtained

from Figure 11.23.3 as a function of taper

is the section lift effectiveness of the flap, azg

the following equation:

(i1.23._)

!

I

where:

C£6F)Theory

is the theoretical lift effectiveness

of the flap, obtained from Figure

11.23.4 as a function of CF/C w and

!
thickness ratio.

| Ii. 23.3
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Figure ii.23.4: Theore_ical lift effectiveness o[

plain trailing edge control flap
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C£

_F
Theoretical

is an empirical correction factor

based on experimental data, and may be

obtained from Figure 11.23.5 as a

function of CF/C and (C£)/(C£ )
Q

Theory.

The theoretical section lift curve, (C£) may be obtained

a Theory

from:

(C£) = 6.2827 + 5.0442 t/c (11.23.4)

Theory

.4

i i
Reproduced fr_ Reference I

0 .l .2 .3 .4 .5

c_c

F_sure II.23.5: Empirical correction for llfc effectiveness

of plain crailin S edse control f]aps

K ! is an empirical correction factor to the

lift effectiveness at large deflections of

the flap, and may be obtained from Figure 11.23.6.

11.23.5
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Figure 11.23.6: Empirical correction for lift effectiveness

of plain trailing edge control flaps at hish

control deflections

To implement above method in a computer program, the following

curve fittings were derived from the figures.

For the inset of Graph 11.23.2:

(a6) = -.2747 - 1.45g4

C£

For Graph 11.23.3:

K b - -.0091 + 1.5447

2

+ .7406

2
n - .5175 n

It should be noted that Equation (11.23.5) is accurate for

---- _ = .5. However, due to the mmnner in which K b is calculated, the

result will be accurate also for other values of taper ratio.

(ii. 23.5)

(11.23.6)

11.23.6
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For graph 11.23.4:

(C£ )theory = 1.2572 +12.8356 cf/c - 10.3788 (of/c) 2 + A

6flap
(11.23.7)

where: A = 12.14 t/c (cf/c - .05) (11.23.8)

For graph 11.23.6:

6f < I0°:

i0 ° <6f < 200:

K v = 1 (11.23.9a)

K ! =
.8014 + .01441 _f - .00246 6f2 +

+ ( -2.5 cf/c + 1.25).(.1672 - .0352 _f + .0019 _f2)

(ii.23.9b)

6f > 200: K' = 1.0356 - .0217 6f + .000194 6f

2.5 (cf/c - .5).(-.00154 6f +.231) (ii. 23.9c)

11.23.2.2 VARIATION OF PITCHING MO_N_ COEFFICIENT WITH

FLAP DEFEECTION.

This derivative will not be discussed since the complexity involved

in the computation of this derivative is beyond the scope of this report.

11.23.2.3 VARIATION OF LIFT COEFFICIENT WITH STABILIZER INCIDENCE

The derivative CLmaY be computed from:

= sHls
CLiH CLc_H

(11.23.10)

where: CL is computed in section 11.2.

_H

11.23.7



'.... _O,_E_,_ WITH STABILIZFR DEFLECTION11.23.2.4. VARL_.IIO._ OF PITCHING _ " _T

The derivative C
m.

_H

may be computed from:

(11.23.11)

where: CL is obtained from section 11.2.

°H

11.23,2.5. VARIATION OF LIFT COEFFICIENT WITH ELEVATOR DEFLECTION

The derivative CL may be computed from:

_E

C = CL SH/S (11.23.12)

L6 E 6F

where: CL is found from section 11.23.2.1

6F

11.23.2.6. VARIATION OF PITCHING MOMENT WITH ELEVATOR DEFLECT_O:I

The derivative C may be found from:

m6 E

C. _/4_/4
= _ CL

m_ E 6F _

(11.23.13)

11.23.3 REFERENCES

11.23.1 Roskam, J. Methods for Estimating Stability and
Control Derivatives of Conventional

Subsonic Airplanes, Roskam Aviation&

Engineering Corp., Lawrence, KS, 1977
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' Cn6 A' --11.24 AILERON STABILITY DERIVATIVES C£_ A C 6A

11.24.1 INTRODUCTION

C£ is the most important of the aileron stability derivatives and

66
it is calculated with a combination of the methods used in References

11.24.1 and 11.24.2. Compressibility effects are taken into account,

but the influence of wing taper ratio is neglected.

C is much smaller than C£ ; preferably it should be positive because

n6 A 6A
this means that there are no adverse yaw effects in making turns. It is cal-

culated with the method used in Reference 11.24.1. The wing taper ratio

is an important variable in the determination of C , so iT is not

neglected here. n_A

The value of C is usually so small that it can be ignored.

Y6 6

program does not calculate this derivative.

The

11.24.2 CALCULATION OF C£_ A

A shortcoming of the method of Reference 11..24.1 is that only moderate

wing aspect ratios are allowed in cases with 8 and K close to one. With the

method of Reference 11.24.2, which basically works the same way, wing aspect

ratios from 6 to 16 can be investigated. This method, however, does not take

the effect of wing sweep angle into account or the effect of wing taper ratie.

This latter influence is a minor one: for taper ratios normally used, the

aileron rolling moment parameter is hardly dependent on taper ratio. The

effect of sweep angle can be greater, and therefore a mixture of both methods has

been used to produce Fig. 11.24.1. According to Reference 11.24.2, it is valig

11.24.1



for aileron deflections up to 20 degrees.

AR ', 16 10 6 4

1.0 1.2 1.4 1.6

AB deg

0

4O
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l o.4 o.6 0.8 1.o

o

40

0.2 0.4 0.6 0.8
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0 h

0 0.2 0.4 0.6 0.8

Y
= b/2

Figure ii.2#.I: Det-_rminatlon of Cz_/k6

Fig. 11.24.1 is meant for full-chord controls; for partial-chord

controls there is a correction factor, taken from Reference 11.24.2 and

]
|
|

[
|

|

B
g

g
!

presented in Fig. 11.24.2. The variable A B in Fig. 11.24.1 is computed

as follows:

tanA_/4)
A 8 = arctan ( 8 (11.24.1) "_

n

11.24.2
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Figure 11.24.2: Correction for Flap-Span E£[ect

The effect of partial-span controls is taken into account by using

Fig. I1.24.1 two times: once for the inboard lateral coordinate of the

aileron and again for the outboard lateral coordinate. The difference

in the results is then the actual aileron rolling moment parameter.

It is assumed that the effectiveness of the right aileron is equal to

that of the left aileron, so Fig. 11.24.1 gives the total aileron rolling

moment parameter• The aileron deflection associated with it is defined as:

6A = %(6L - 6R) (11.24.2)

in which a positive control deflection is left aileron trailing edge down.

C£6 is found as the product of -£6 (from Fig. 11.24.1) and k (from Fig.

A k

11.24.2).

11.24.3
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L

ii.24.3 CALCULATION OF C

n6 A

This derivative is calculated with the method in Reference 11.24.1,

according to:

C = K C L C£ (11.24.9)

n6A 6A

The factor K is a correlation constant which depends on wing aspect ratio,

r_

L

F
L

taper ratio and inboard location of the aileron_ It is given in Fig. 11.24.3.

The lines for A = 12 are the result of extrapolating Fig. 11.3 in Refere=:e

11.24.1.
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This figure is only valid for ailerons which extend to the wingtip. To

calculate C for ailerons which do not extend to the wingtip, Eqn. (ii.21._)

n6 A

must be used two times: once for an imaginary aileron which extends from

the inboard location of the actual aileron to the tip and again for another

imaginary aileron which extends from the outboard location of the actual ail-

eron to the tip. Subtracting the C of the second imaginary aileron from

n_ A

that of the first one gives C of the actual aileron. However, it is n:=

n6 A

enough to take the difference in the correlation constant_ of the two ima_i_-

ary ailerons, and C£ must also be calculated for each one.

6A

The value of CL in Eqn. (11.24.3) follows from:

w (i1.2-'._)
CL = _-_

sO it is just the steady state lift coefficient.

11.24.4 REFERENCES

11.24.1 Roskam, J.

ll. 24.2 Dommasch, D.0.
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Connolly, T.F.

Methods for Estimating Stability and Contr:i

Derivatives of Conventional Subsonic Airpiz=es,

Roskam Aviation & Engineering Corporation,

Lawrence, KS, 1977.

Airplane Aerodynamics, Pitman Publishing

Corporation, New York, 1967
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ll.2S DIRECTIONAL CONTROL DERIVATIVES C ,
V_ C_ AND C

.OR ,_-- n_

11.25.1 INTRODUCTION

This chapter describes the computation of the directional ,

control derivatives, and the method presented is taken from Reference 11.25.1.

Since it relies on computations in Chapter 11.23 for control-surface

effectiveness, it is subject to the limitations of those calculations.

11.25.2 DERIVATION OF EQUATIONS

ii. 25.2.1 C

YS R

Variation of sideforce coefficient with rudder

deflection. This derivative may be estimated

from: _=/ L-1

/(a s )

C : - CL _.. C (cL 6)

Y8 R aV i_----. C£

Where :

(11.25.1)

L
c_

V

is the vertical tail lift curve slope, computed

as in Section 11.2.

.|

|

|
[
|

|

|
Note: The effective aspect ratio of the vertical

, tail, A_TEF F, used in the calculation of CLa

obtained from Section II.14.

is

CL
is the ratio of three dimensional flap-effectiveness

to two dimensional flap-effectiveness. It may be

obtained from Section 11.23.

is the theoretical value of the two-dimensional flep-

effectiveness parameter and may be obtained from

Section 11.21.

g
g
|

g
ii. 25. i
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K ! is a correction factor for high control-surface

angles, obtained from Section II 0"._.

is a correction factor for control-surface-span,

obtained from Section 11.21.

II.2Y. 2.2

11.25".2.3

C£ variation of

6R
deflection.

the rolling moment coefficient with rudder

This derivative may be computed as:

IZ cose - £ sine\

)C£ \ b
6R Y6 R

(ii. 25.2)

Where:

C follows from section 11.25.2.1

Y6 R

ZV and £V are defined in Figure ii.16.1

variation of yawing moment coefficient with rudder

deflection.

This derivative may be computed as follows:

£ cosu + Z sine)
C = - C V V

ndR y6R b

(ii.2S.3)

Where:

C follows from section 11.25.2.1

Y6 R

Z and £ are defined in Figure 11.16.1.
V V

11.25.3

11.25.1

REFERENCES

Hoak, D.E. &

Ellison, D.E.
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Laboratory, Wright Patterson Air Force Ba_e,

Ohio, 45433
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11.26: HINGE MOXEXTS OF CONTROL SURFACES C.na ' Ch_

11.26.1: INTRODUCTION

This chapter describes the procedure involved in computing the

hinge moment derivatives Cha and Ch8 , where the methods are primarily those :_ I

Reference 11.26.1. The data used for the computation of the section hinge

moment derivatives are based on the NACA 0009 airfoil. This is a type "

of airfoil that is used quite often for the horizontal tailplane on general

aviation aircraft. The method allows for differences in lifting-surface geom._.:!

control-surface geometry and method of balancing. First the equations for the

variation of hinge moment with angle of attack will be derived, followed by

the equations for the variation of hinge moment with control surface deflecti::.

11.26.2.1 DERIVATION OF EQUATIONS FOR

First the section characteristics for sealed-gap controls will be

derived, where a correction will be made to account for open-gap

controls. The hinge moment derivative Ch
a

2
squared(OF) (see Fig. 11.26.1).

is based on the control chord

j--. e F

I

¥1gure Ii.26.1: Geometry of Aileron

el
a

The first step .requires the computation of the hinge moment derivative

for a radius-nose, sealed control surface:

!

I

I

!
I

1

11.26.1
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N I c_ \
Id C' l _ _ 1

= I._ _ _(C, ) . , (rad-) (11.26 I)

"_ \_h jtheory/ nO tneor_ - "

g Where :
i

.(_-- is the ratio of actual to theoretical hinge moment

a derivative, obtained from Figure 11.26.2. The parameter
h= theory

C_ /(C_ )_ follows from Eqn. 11.25.4

N £a _ theory

(a) , I O--,------
N ' " i .... _ "

m

1.0

.g4.__4_._._u__--__--___ __.9_

I
o .i .i ¢_ .i ; ..... ._

¢

il
g

|
|
I
|
II
g

!

Figure 11.26.2: Rate of Change of Section Hinge Moment Ci_
with Angle of Attack a

(Ch)theory is the theoretical hinge moment derivative, and follows

from Figure ii.26.3.
*.S-

(b) l [ ; I 1

-.6

i ° I
i ;

o_- _

Figure 11.26.3:

STANDARD SY._I_IETRICAL AIRFOIL ._
(tee definition in para. A) ' _ : /_

_ ; T T T

i I I I I I i
0 • • . • ,

.1 .2 _ ,,3 .4

Theoretical Hinge Moemnt "Derivative

ii. 26.2



If the trailing edge of the airfoil does not conform to the following

condition:

_' " _TE t
TAN T____EE= TAN _T____E = TAN__ = _ (11.26.2)

2 2 2 c

Where: _'TE is the angle between straight lines through 90 and

99 percent of the chord on upper and lower surface

_"TE
is the angle between straight lines through 95 and 99

percent of the chord on upper and lower surface*

is the trailing edge angle between tangents to upper

and lower surfaces at the trailing edge,

then the following correction has to be_applied to equation (11.26.1):

C_(% = C_(% + 2(C_(%)theory - (C£)theory 2 c

(% (ii. 26.3)

To account for the effect of balancing, the following correction is applied:

--C" _h(%)balance_(rad-l)
(Ch)balance h \C h

(%

(11.26.4)

Where:

CZ is obtained from Eqn. (ii.26.3), or is equal to C_ in

(% Q

Eqn. (11.26.1).

(Oh)balance

is obtained from Figure iI.26_4%

The definition of the control surface dimensions is given in Figure 11.26.5

while Figure II.26.6 shows the various nose-shapes.

11

*Note: For a beveled trailing edge (h TE is equal to the angle of bevel.

11.26.3 !
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Figure II.26.&: Effect of Nose Balance on Section Hinge Moment

Derivatives

The effect of Mach number may be roughly approximated using the

Prand tl-Glauert correction:

Cha JLow Speed

Cha['l =_i - M 2
(iI.26.5_

Fi&ure 11.26.5: Geometry of Control Surface

IliNGE HI,_GE HINGE

UNE LINE LINE

ROUND NOSE ELLIPTIC NOSE SHARP NOSE

F£gure L1.26.5: Various Types of Nose Shapes

Ii.26._



Using the two dimensional hinge moment computed above, the three dimen-

sional hinge momentcoefficient is:

Where:

AR cos Ac/4
Ch =AR + 2 cosA c/4(Ch ) + ACh (11.26.6)

Ch
a

&C h
ct

is computed with Eqn. (11.26.5)

is a correction for induced camber effects, arrived at by

using lifting-surface theory. It may be obtained from

Figure 11.26.7.

.03

.0!

(a)

\

SUBSONIC SPEEDS

"-b

-- ...J

I
2 4 6

Aw

J

!_
Io

Figure'11.26.7: Correction for Induced Camber

The variables in the y-axis quantity are:

C£

K

is section lift curve slope

takes control surface span into account, for outboard

controls (see Fig. 11.26.8) if inboard controls are

used, then K may be approximated to be equal to Yo/(b/2),

where Y and Y" are defined in Figure 11.26.9.
O l

*The effect of open gap and bevel angle on section characteristics will be
determined later.

11.26.5
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B 2 accounts for the effect of control surface to balance

chord ratios, to be obtained from Figure 11.26.10.

3

2

x,

I

(b)

/
/

I
.2

/
/

Y
/

/

!

.4 .6

5/2

0 . .8 I_)

F£sure 11.25.8: Effect of Control Surface Span

I
rl-O rt-1

b12

]FUll

%

Flsure 11.26.9: Control Surface Span Parameters

The primed values in Figure 11.26.10 refer to measurements normal t_

the wing quarter chord line, and if not explicitly given, they may Be ap-

proximated by:

c_/=,. (c_+ c_')/(c" - _ + =f+ c_') (u.26.,,

and ' ' - =_l(c_ + =_') . ..CblC f (Ii 26 _

11.26.6



Where:

t!

cf = cf cos_ll4c (11.26.9)

"' = cf sinA tanA (11.26.10)cf i14_ il_

c" = (_ - cf) cosAl/4_ (11.26.11)
m

c'" = (_ - cf) sinA i/4_" sin(&LE -A I/4_) (11.26.12) i

cb cb cosAll4c + Cb sinAll4c tan(&ll4c -AHL )

1.2 _

B2 I.i _

0 '" . , L" ."

0 .'1 .2 .3 .4 .5 .6

4
• c'

Figure 11.26.10: Correc_ion for Chord Ratio

(11.26.13) !

I

i

!

l

I

1
Corrections for open gap, horn balance and bevel angle may now be made.

Reference 11.26.2, Figure 6-8, provides data for the estimation of the effect

of open gap. The figure is reproduced as Figure 11.26.11. The definition

of the gap may be found in Figure 11.26.5.

11.26.7
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FtEure 11.26.11: Effect of Open Cap on Secclon Hinge ,V_menc

Coefficient for a .35_ Flap

Figure 11.26.11 shows on the average a (positive) increase in Ch

of .0005 for a .005c gap. A simple approximation of the effect of open

gap, therefore, is :

C

ACh *= +. I gap
C

G
gap

(deg-I) (Ii. 26. i'_)

Reference 11.26.3 provides data for the estimation of the effect of bevel

angle. Figure 11.26.12 is a reproduction of Fig. 12:14 of this reference.
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This figure is only valid for ailerons which extend to the wingtip. To

calculate C for ailerons which do not extend to the wingtip, Eqn. (II.24._)

n_ A

must be used two times: once for an imaginary aileron which extends from

the inboard location of the actual aileron to the tip and again for another

imaginary aileron which extends from the outboard location of the actual a/l-

eron to the tip. Subtracting the C of the second imaginary aileron from

n6 A

that of the first one gives C of the actual aileron. However, it is --"

n6 A

enough to take the difference in the correlation constant_ of the two imagiD-

ary ailerons, and C£ must also be calculated for each one.

_A

The value of CL in Eqn. (11.24.3) follows from:

W

CL = _--_
(11.2-':.4)

so it is just the steady state lift coefficient.

11.24.4 REFERENCES
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C_ ANDC
ii.2_ DIRECTIONAL CONTROL DE_IiVATIVES CY6R, "_ __ n6R

R

11.25.1 INTRODUCTION

This chapter describes the computation of the directional

control derivatives, and the method presented is taken from Reference 11.25.1.

Since it relies on computations in Chapter 11.23 for control-surface

effectiveness, it is subject to the limitations of those calculations.

11.25.2 DERIVATION OF EQUATIONS

11.25.2.1 C

Y6 R

Variation of sideforce coefficient with rudder

deflection. This derivative may be estimated

from: _6/ _I

/(=_)
c = _ cL _ c (

Y6R _V )_/

/s,A
m6) K' Kb_)_v (11.25.1)

C£ \ /

Where :

C L
r_
V

is the vertical tail lift curve slope, computed

as in Section 11.2.

Note: The effective aspect ratio of the vertical

. tail, A_,EF F, used in the calculation of CLa

obtained from Section 11.14.

is

C£

is the ratio of three dimensional flap-effectiveness

to two dimensional flap-effectiveness. It may be

obtained from Section 11.23.

is the theoretical value of the two-dimensional flap-

effectiveness parmmeter and may be obtained from

Section 11.21.

11.25. l
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11.25.3

11.25.1

K !

%

is a correction factor for high control-surface

angles, obtained from Section ll.21.

is a correction factor for control-surface-span,

obtained from Section ll.21.

ii.2_.2.2 C£ variation of the rolling moment coefficient with :udder

6R
deflection.

This derivative may be computed as:

/Z cos= - £ sinm\

c |_l v
C_ 6

6R Y6R
\

(iI.25.2)

Where:

C follows from section ii.2_.2.1

Y6 R

% and £V are defined in Figure Ii.16.1

ii. 2_'.2.3 C

n6 R

variation of yawing moment coefficient with rudder

deflection.

This derivative may be computed as follows:

C = - C _ V

n6 R Y6R

(II.2S._)

Where:

C follows from section 11.25.2.1

Y6 R

Z and £ are defined in Figure 11.16.1.
V V

REFERENCES

Boak, D.E. &

Ellison, D.E.
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Laboratory, Wright Patterson Air Force Base,
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11.26: HINGE MOmeNTS OF CONTROL SURFACES Cha ' Ch6

ii.26.1: INTRODUCTION

This chapter describes the procedure involved in computing the

hinge moment derivatives Ch and _ , where the methods are primarily those =f

Reference 11.26.1. The data used for the computation of the section hinge

moment derivatives are based on the NACA 0009 airfoil. This is a type

of airfoil that is used quite often for the horizontal tailplane on general

aviation aircraft. The method allows for differences in lifting-surface geo==---'!__.;

control-surface geometry and method of balancing. First the equations for the

variation of hinge moment with angle of attack will be derived, followed by

the equations for the variation of hinge moment with control surface deflecti=:.

11.26.2.1 DERIVATION OF EQUATIONS FOR
a

First the section characteristics for sealed-gap controls will Be

derived, where a correction will be made to account for open-gap

controls. The hinge moment derivative Ch

squared(CF)_see Fig. 11.26.1).

is based on the control chord

/ HINGE LINE

t ' 1--. CF

¢ °

Figure 11.26.1: Geometry of Aileron

The first step .requires the computation of the hinge moment derivative

I

I
E

!
!
-I

' for a radius-nose, sealed control surface:C h

11.26.1



g

g

g
c_ = /. C_a )(Ch )theory (rad-l)

\(Ch )theory

Where :

(11.26 .i)

!
g

%;

(Ch)theory
is the ratio of actual to theoretical hinge moment

derivative, obtained from Figure 11.26.2. The parameter

C£ /(C£ )theory follows from Eqn. 11.2_.4
Q _

II
il
II
I

c_
(*_).,.o,.,

II t

Figure 11.26.2: Rate of Change of Section Hinge Moment Ch
with Angle of Arrack o

!

I
I
I
i
!

|

(Ch)theory
Q

is the theoretical hinge moment derivative, and follows

0

/

I

I

Yl4_ure 11.26.3: Theoretical Hinse MoemnC "lmrtvaCive

11.26.2



• If the trailing edge of the airfoil does not conform to the following

condition:
_' _" _TE t

TmN T____EE= TAN TE = TAN- = --
2 2 2 c

(11.26.2)

Where: _'TE is the angle between straight lines through 90 and

99 percent of the chord on upper and lower surface

_"TE is the angle between straight lines through 95 and 99

percent of the chord on upper and lower surface*

_TE is the trailing edge angle between tangents to upper

and lower surfaces at the trailing edge,

then the following correction has to be_applied to equation (11.26.1):

Ch_ - Cha _ theory (C£)theory 2 c ) )

(ii. 26.3)

To account for the effect of balancing, the following correction is applied:

(11.26.4)

Where:

" , ' inCh is obtained from Eqn. (11.26.3) or is equal to Ch

Eqn. (11.26.1).

(Oh)balance

C j!

• h
(x

is obtained from Figure iI.26_41

The definition of the control surface dimensions is given in Figure 11.26.5

while Figure Ii.26.6 shows the various nose-shapes.

11

*Note: For a beveled trailing edge _ TE is equal to the angle of bevel.

i1.26.3
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g BALANCE RAT, O. __/ C

I Figure Z1..6._: ElDef_:::t:_vEe:OSe Balance ou Sect£on Hinge Moment .

I The effect of Hath number may be roughly approximated using the

Prand tl-Glauer t correction:

Ch
I _ , _ILow Speed

¢

I
I
!
II
I

F;I.&ure 3J..26.$: Geomel=ry of Control Surface

HINGE HINGE HINGE
LINE LINE LL_E

ROUND NOSE ELLIPTIC NOSF- SHARP NOSE

FiKure 11.26.6: Various Types of ._ose Shapes

(ii. 26.5_.

|

I 11.26.4
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Using the two dimensional hinge moment

sional hinge moment coefficient is:

computed above, the three dimen-

Where:

AR cos A c/4

= (Ch ) + AC hCh AR + 2 cos A c/4
(ii. 26.6)

Ch is computed with Eqn. (11.26.5)

is a correction for induced camber effects, arrived at by

using lifting-surface theory. It may be obtained from

Figure 11.26.7.

.03

<_ .02

.0!

\

SUBSONIC SPEEDS

I

4 6
_W

$ io

!
t

!

l

!
Ftsure 11.26.7 : Correction for Induced Camber

The variables in the y-axis quantity are:

C£

K

is section lift curve slope

takes control surface span into account, for outboard

controls (see Fig. 11.26.8) if inboard controls are

used, then K may be approximated to be equal to Yo/(b/2),

where Y and Y" are defined in Figure I1.26.9.
O l

*The effect of open gap and bevel angle on section characteristics will be

determined later.

I

I
-!

I

11.26.5
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B2 accounts for the effect of control surface to balance

chord ratios, to be obtained from Figure ii.26.10.

3

(b)

0

0 •

/

!.0

Figure 11.26.8: Effect of Control Surface Span

q-O T1-1

-- b/2

F_

%

Plgure 11.26.9, Control Surface Span Parameters

The primed values in Figure 11.26.10 refer to measurements normal te

the wing quarter chord line, and if not explicitly given, they may .be aT-

proximated by:

c_/c'

and _,_/=_

1!

= (of + c_')/¢c" - _"' + c_ + c_')

= _/c_ + _')

(Ii .26.7)

(II. 26._"

ii. 26.6



Where:

c_ = cf cosil4c

"' = cf sinAl/4_ tanAl/4_cf

c" = (_ - cf) cosA i/4_

e'" = (_ - cf) sinA i/4_" sinGLE -A i/4_)

cb cb cosA i/4c + Cb sinA i/4c tan_ i/4c -AHL )

1.6
' i

|.4

" ;\!,4Y2
io/ I I I I I/4t<_'31,-_"g J

1 I I I J/,.k"//i..,..ftJ/,
B_ I I I I/> ',,"l .21! ! ,/Ill

_ZU,.r l _.,,,d,_ i /. ! I

•"_...bl,f"i ! !-I I I i !J
o Ili!lilllil!

.I .2 .3 .4 .5 .6

• c"

Flgure 11.26.10: Correction for Chord Ratio

(11.26.9)

(11.26.10)

(11.26.11)

(11.26.12)

(11.26.13)

Corrections for open gap, horn balance and bevel angle may now be made.

Reference 11.26.2, Figure 6-8, provides data for the estimation of the effect

of open gap. The figure is reproduced as Figure 11.26.11. The definition

of the gap may be found in Figure ii.26.5.

11.26.7
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Overhang Cb/C/

Figure 11.26.11: Effect: of Open Gap on Sectlon Hinge Moment

Coefficient for a .35_ Flap

Figure 11.26.11 shows on the average a (positive) increase in Ch
Q

of .0005 for a .005_ gap. A simple approximation of the effect of open

gap, therefore, is :

C

ACh - +. i gap
C

G
gap

(deg -1) (11.26.1_)

Reference 11.26.3 provides data for the estimation of the effect of bevel

angle. Figure 11.26.12 is a reproduction of Fig. 12:14 of this reference.

Ii. 26.8
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0.002

0
,_ -O.GO2

o

-0.010

I i

O' tO ° 20 _ 30* . 40'

Figure 11.26.12: Effect of bevel Angle on Hinge Momen=

Coefficient for a .2_ Flap

The effect of bevel angle may thus be approximated as:

AC h = .00032 _bev (deg-l)

Where: _bev in degrees

Both the effect of bevel angle and of open gap have to be corrected for

(ii. 26.15)

flap-airfoil chord ratio. This can be done by referring to Fig. 11.26.13,

which is a reproduction of Figure 12:7 of reference Ii._.3.

0.0 I

_ -0.0!

c

-0.02

-0.0_

i I
Flop.chord to_io, cdc

02 04 0.6 O_ 10

¥1gure 11.26.13: Correction for Flap-Chord Ratio

The correction for open gap (Eqn. II.26 .14) now becomes:

C

_ch - .1_m_c(i.- .025ccf/c- .3s))(deg-1)
gap

(11.26.16)

I

I

I

I

I

i

I

]

I

I
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]

]
The correction for bevel _ngl- on =o_-- hinge moment ^^_=='-'---

l now becomes :

a Ch = .00032 ¢BEV ( I.- .025(cf/c- .2)) (deg -I) (iI.26.17_

] abev

]
The corrected three dimensional hinge moment coefficient is based on

twice the area moment.

!

|

11.26.2.2 Derivation of Equation for CH6

The equation for the section characteristics will be derived first,

followed by correctio6s for three dimensional effects. The hinge

!

I

!

moment coefficient Ch6 is based on the control chord squared c2f. (See

Figure ll.z6.1). The method is based on closed gap controls where a

correction will later be made for open gap.

For a radius-nose, sealed, plain trailing edge control for which the

thickness correction as defined on page 11.26.3 is valid, the hinge moment

i

I

!

I

derivative follows from:

c' h6

h 6 = (Ch6)

theory
theory

where:

(tad -I)
(11.26.18)

C'h6

(%_)
is the ratio of actual to theoretical hinge moment

theory obtained from Figure 11.26.14.

] (Ch6) is the theoretical hinge moment derivative, obtainedtheory from Figure 11.26.15.

I
Note:

The parameter ct /(C£a) in Figure 11.26.14 may be obtained

theory

from section 11.23.

Ii. 26. I0
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.

Figure 11.26.14: Ratio of Actual to Theoretical Hinge Moment

.D

g

|

I
l

!

n
|

If the thickness condition as defined on page ii.263is not met,

then the following correction should be applied.

/
c" = c' + 2 (c o ) (i

h6 h6 ~t5 theory \ (C9"6)c£6 )(TAH _ - 2t (rad-1)
theory

(11.26.19)

where:
!

c

h6
is obtained from equation (11.26.18)

(CZ6) is the theoretical lift due to flap deflection ,

theory obtained from Fig. II.23.H.

g
i
II
g
!

l]

11.26.11



c£6 is the ratio of the actual to the theoretical lift

5theory

B _"TE

i trailing edge: _"TE = _BEV"

be follows :
I A correction for nose shape can made as

i (ch ) = c'% -6 balanc (rad -I)6balance 6\ C"h /

due to flap deflection, obtained from Figure ii.23._

is as defined in section ll.26.2.l,for a beveled

(11.26.20)

where:

is obtained from eqn. (ii.26.19) or assumed equal to c'_
.°.,L

d

(Ch6)balanc e
is obtained from Figure 11.26.16 for various

nose shapes as defined in Figure 11.26.6.

O NACA 0009 )

O NACA 00I$

D NACA 66009)

" o NACA 0009
I

" NACA O015

A NACA 0009

1.0'

[ch. )balance .6:

c"_ .4'

.2:

O,
0

ROL._'D NOSE Ic

ELLIPTIC NOSE _---"'---

SHARP NOSE HINGE

SUBSONIC SPEEDS LINE

t I ' I

.i .2 .3 ._ .s

FLgure 11.26.16: Effect of Nose Balance on Section Hinge

_nt l)erSvsc:Lve

The effect of Mach number may be accounted for as follows:

(Ch_) (%_1= low speed

M 41 - M 2

(11.26.21)

11.26.12



Nowcorrections will be madefor open gap, horn balance and bevel

angle.

From Figure 11.26.11 follows the following correction for open gap:

(Ch6)gap = "2 _c

This has to be corrected for flap-wing chord ratio according

(11.26.22) _

|
to Figure i1.26.13 to provide:

(Ch6)gap

c
= .2 ---Kg-Z

C 1+1.25 (C_l c -.3)] (deg -I)
(11.26.23)

In the same way a correction factor for the effect of bevel angle is

found to be:

(Ch6)BEV = "O027_BEV [i + 1"25(C_/c -'3)] (deg-l)
(Ii.26.2&)

The two-dimensional hinge moment coefficient as obtained above may now

be corrected for three-dimensional effects. The hinge moment derivative,

|

!

i
l

based on twice the area moment, may be obtained from:

c ]Ch 6 = c°SAc/4 c°SAHL h_ + _6 AR _ 2 _OSAcI4J + Ch 6
(11.26.25)

Where : Ch is the hinge-moment derivative due to angle of 1

|
attack, obtained from section 11.26.2.1.

Ch_ is the section hinge moment derivative due to control I

deflection, obtained from section II.26.2_i.

_6 is the two dimensional lift effectiveness parameter i

obtained from section 11.23.
I
|

11.26.13
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ACh_
is an approximate lifting surface correction which

accounts for induced camber. It may be obtained from

Figure 11.26.17, where:

B 2 accounts for control surface and balance surface

chord ratios, and may be obtained from

Figure 11.26.10.

K 6 accounts for control surface span effect for outboard

controls per Figure 11.26.18. For inboard controls

K 6 tan be approximated by using Y instead of Y..o 1

Note: The values that are primed in Figure 11.26.10

refer to measurements normal to the quarter chord.

See Equations 11.26.7 through 11.26.13.

.04

_1<

.01

(a)

"SU BSONIC SPEEDS

¢'

.%
°.

.4

_- .6

2 4 6 | !0
%

Figure 11.26.17: Ll#cinS Surface Correction for Hinse ._o_nc
Derivative

Ii. 26.14
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(b)

J

i

0,, , ; |

0 .2 .4 .6 .8 |.0

_...L
b12

Figure 11.26.18: Correction Factor for Control Surface Span

A last correction that may be applied to the three dimensional values

is a correction for the effect of a horn balance. It should be noted

that the effect is difficult to estimate. Reference 11.26.3 provides

a rough estimation of the effect for the unshielded horn shown in

Figure 11.26.19.

. jP - _;I,ua

.,.- ¢en.o;d of horno,e,=

_nge |,he

f

0.002

0

_.. °0.002

Is

_ °o.o1_

Q

-o.o;o

0 I/l
'c'/"7 I /_I/

I
0 - 0.2 0.4 0.6 0.8

._../_.,,

LO

Figure 11.26.19: Effect of Horn Balance
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The effectiveness of the horn is determined by the ratio of the mc_a=:

of the horn area forward of the hinge line to the moment of the flap area

aft of the hinge line, where the moment is defined as the area of the fle 7 or

horn multiplied by the distance of the respective area centroid from the

hinge line. Figure 11.26.19 is for a 0.20 c plain flap on a NACA 0009

airfoil. To correct for different flap-wing chord ratios use can be made of

|
Figure 11.26.13.

can be expressed as:

The effect of horn balance on hinge moment coefficien:5

I AC h = (.013125 _ Cf b s
_ (1- 0025 (_ - 2))) _--

cs

i Cf b

ACh6 (.0125 __ (1 - .0175( c S
- -- - .2))) .s__

(Ii. 2:'.26)

(11.26.2 D

This concludes the derivation of the equation for the hinge-moment derive:ires

Ch 6I Cha and .

!
11.26.3

I 11.26.1

I
11.26.2

I
11.26.3

|
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11.27 CL , Cm
O O

LIFT AND PITCHING ,,n,._r_'T,..v......._COEFFICIENTS AT a = iH = g= = 0

ii.27.1 INTRODUCTION

The original version of the Stability and Control computer program

required CL and Cm
o O

to be manually calculated and then included as

inputs to the program. Since this was thought to detract from the utilit F

and versatility of the program, the present version of the computer pro-

gram relies on inputs for aO_4B and the two-dimensional airfoil zero-lif:

pitching c.oefficient c
m
o

as additional inputs to compute CL and Cm
O o

Soubroutine CLOCMO is added to the present computer program to compute

CL and Cm
O o

11.27.2 CL
o

The life coefficient of the total airplane may be represented as:

(Reference 11.27.1)

CL = CLo + CL_ m + CL_ iH + CLd EdE

(ii .27 .l)

where CL = total airplane lift coefficient when u = _. = dE = 0
O

CL = total airplane lift-curve slope

CL. = incremental lift per unit deflection of an all-moving

ht
stabilator

CL6E= incremental lift per unit deflection of a stabilizer-

elevator arrangement.

CL may be computed as
O

!
|

I
l
E

E
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H

C. = C. + C. (11.27.2)

o OWB oH

where CL = -CL aOLwB (11.27.3)
o_ uWB

CL = -C L (c o + _OLH) SH qH (11.27._)
oH aH S -q.

Equation 11.27.3 requires an input for u , the zero-lift angle-of-
o_

attack for the wing-body combination. CL , the wing-body lift-curve

=WB

slope, is obtained from Subroutine LIFCRV permethods discussed previously.

Equation 11.27.4 requires the computation of ¢o' the downwash at

a = 0, as

= _¢ (ii. 27.5)

Here, ao% is an input defined as the zero-lift angle-of-attack for the

horizontal tail where the tail is isolated from the downwash of the

wing-body. CL , the horizontal tail lift-curve slope, is obtained from

uH

subroutine LIFCRV per methods discussed previously. It is referenced to

S, the reference (wing) area, by the term SHH where SH is the horizontal
S

tail planform area.

11.27.3 C
m

o

The steady state pitching moment coefficient for the total airplane
s

may be represented as (Reference 11.27.1):

% t C.o+ Cm_+ %%% + %_E_E (n.276)

Ii. 27.2



where C
In
o

= total airplane pitching moment coefficient when

a= ill= 6E= 0 -

C = change in pitching moment coefficient per unit change
m
a

in angle of attack

C = longitudinal control derivative for stabilator deflections

mill

C
In

o

C = longitudinal control derivative for stabilizer-elevator

m_ E
conf igura tion s.

may be computed as

qH SH

Cm = Cm + CL (Xcg - XaCwB ) + CL (X - e
o aCwB oWB aH _ S ac H Xcg) o

(l1.27.7)

where C
m

aCWB

is defined as the wing-body pitching moment coefficient

about the wing-body aerodynamic center.

0

|

B

B

Cm = Cm - CL =oL W (11.27.8) gacwB ac W aW AXacwB

where the first term on the right side of Equation 11.27.8 is the 3-

dimensional pitching moment coefficient of the wing based on an input

2-dimensional C , and corrected for }_ch and twist.
m
o

describes this development as

Reference ii.27.2

C

in

ac W
#

M= 0

2 AC
A c m

A cos /4 C + -----£ O

A + 2cos Ac/4 m ° O
(11.27.9)

|
g
|

D
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where A = planform aspect ratio

Ac/4 = sweepof the quarter chord line

C
m
o

AC
m
o

9

= 2 dimensional pitching moment coefficient

= twist correction per degree

8 = twist in degrees

|
|
I
l

g

}_ile Reference 11.27.2 presents graphical data for the twist

correction, curve fitting techniques were used to provide "the following:

AC

m° -.85642 x 10 -5 A .17452 x 10 -5 A 2 + .315 x i0 -7 A3
8

= 0 (11.27.10)

AC
m

o = -.90826 x 10 -5 A- .28234 x 10 -5 A2 - .68 x 10 -8 A3
9

I = .5 (11.27.11)

AC
m

= -.4986 x 10 .5o

e

i = 1

A - .50556 x 10 -5 A 2 + .1554 x 10 -6 A 3

(11.27.12)

where X = planform taper ratio

A = planform aspect ratio

_C
m

is obtained directly for specific values of A by interpolatinB
e

between the values from Equations 11.27.10, 11.27.11, and 11.27.12 as

appropriate.
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m

acW

from Equation 11.27.9 is finally corrected for Mach effects using

the following relationship which is also developed through curve fitting

methods applied to graphical data of Reference 11.27.2:

L

[
C
m

°M
= i. for M < .2

C
m

°M= 0

= I. + .072857143 (M - .2) + .22(M - .2) 2 + .828571431(M - .2) 3 (ii.27.13)

for M • .2

C
m

°M
C =C

mac W macw Cm °

M>0 M=0 M=0

The remaining terms of Equation 11.27.8 are defined as

(Ii.27.1"}

[

E

I

CL = wing CL , computed per methods discussed earlier

uw e

(Subroutine LIFCRV).

UO_ _ zero-lift angle-of-attack of the wing, an already-

existing input

AX
ac

= fuselage-induced aerodynamic center shift, computed per

methods discussed earlier (Subroutine _.q/LTOP).

The remaining terms of Equation 11.27.7 are defined as follows:

= the airplane center-of-gravity location measured from
cg

the leading edge of the wing mean aerodynamic chord and

expressed as a fraction of this chord, positive aft.

= the wing-body aerodynami_ center location measured from
aCWB

the leading edge of the wing mean aerodynamic chord and

expressed as a fraction of this chord, positive aft.

E

i

E

r
i
L_
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ii. 27.2

= the horizontal tail aerod>mamic center location
ac H

measured from the leading edge of the wing mean aero-

dynamic chord and expressed as a fraction of this chord,

positive aft.

REFEP_NCES

Ro skam, J.

Hoak, D.E. &

Finck, R.D.

Airplane Flight Dynamics and Automatic Flight

Controls, Part I. Roskam Aviation and Engin-

eering Corporation, Lawrence, Ks., 1979.
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CHAPTER 12

DYNAMIC STABILITY ROUTINE

The Dynamic Longitudinal and Lateral-Directional Stability program

that is incorporated in the Stability program described in this report

is a modified version of a program developed at the University of Kansas.

A full description is presented in Reference 12.1. _.'heprogram has been

tested extensively and produces excellent results.

The major modification consisted of changing the input instructions

for this program in such a way that they are performed automatically.

The input data for this program consist of the stability derivatives

for a particular flight conditon. The stability derivatives are com-

puted in the program described in this report and then transferred

automatically to the Dynamic Stability and Control program that computes

the Dynamic Stability Characteristics•

Briefly the program computes the following:

I. DYNAMIC STABILITY

A. Computes dimensional derivatives if non-dimensional

derivatives are inputted

B. Computes coefficients of the characteristic equations

C. Computes the roots of the characteristic equations

D. Prints the characteristic equations in factored form

and states the root configurations

E. Longitudinal case computes:

I. (_nsp) Short period undamped natural frequency

2. (_np) Phugoid undamped natural frequency

3. (_Sp) Short period damping ratio

4. (_p) Phugoid damping ratio

12.1



II.

5. (Tl/2P or T2p) Time to half or double the amplitude

of the phugoid mode

6. Short period characteristics

a. (n/m) Load factor / angle of attack

b. (mn2/ n/m) Short period undamped natural frequency

squared / load factor / angle of attack

F. Lateral directional case computes:

i. (mnD) Dutch roll undamped natural frequency

2. (_D) Dutch roll damping ratio

3. (TS) Spiral time constant

4. (TR) Roll time constant

5. (T2s) Time to double the amplitude in the spiral

mode

6. (_DmnD) Dutch roll damping ratio x Dutch roll undamped

natural frequency

7. (I_/81D) Oscillatory bank angle to sideslip ratio

21_/BID) Dutch roll undamped natural frequency
8. (_nD

X oscillatory bank angle to sideslip ratio

G. Sensitivity analysis varies any selected input variable

of array DERV and computes for each incremental value:

i. Real and imaginary parts of roots of the character-

istic equations

2. Damping ratios and undamped natural frequencies

3. Inverted time constants

TRANSFER FUNCTIONS

A. Computes dimensional derivatives if non-dimensional

derivatives are inputted

12.2
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B. For longitudinal case computes:

i. Coefficients of the characteristic equation

2. Numerator coefficients of U(S)/6E(S) , a(S)/6E(S) ,

and e(S)/gE(S) transfer functions

3. General standard format parameters:

a. Gain

b. Numerator time constants, damping ratios, and

undamped natural frequencies

c. Denominator damping ratios and undamped natural

frequencies

C. For lateral directional case computes:

i. Coefficients of the characteristic equation

2. Numerator coefficients of:

a. 8(S) / 6A(S), $(S) / 6A(S) , and _(S) / 6A(S)

transfer functions

b. B(S) / 6R(S), _(S) / _R(S), and _(S) / _R(S)

transfer functions

3. General standard format parameters for both aileron

and rudder forcing functions

a. Gain

b. Numerator time constants, damping ratios, and

undamped natural frequencies

c. Denominator damping ratio, undamped natural

frequency, and time constants

FREQUENCY RESPONSE

A. Computes dimensional derivatives if non-dimensional

derivatives are input.

12.3



B. For longitudinal case computes:

I. For U(S) / _E(S), _(S) / _E(S), and e(S) / _E(S)

transfer functions

a. Magnitude (decibels) as a function of frequency

b. Phase angle (degrees) as a function of frequency

C. For lateral directional case computes:

I. For B(S) / _A(S), _(S) / _A(S), and _(S) / _A(S)

transfer functions

a. Magnitude (decibels) as a function of frequency

b. Phase angle (degrees) as a function of frequency

2. For B(S) / _R(S), _(S) / _R(S), and _(S) / _R(S)

transfer functions

a. Magnitude (decibels) as a function of frequency

b. Phase angle (degrees) as a function of frequency

For a comprehensive, detailed description of this program, the

reader is referred to Reference 12.1.

REFERENCE

12.1 Postal, M.: A Computer Program for Determining Open and Closed

Loop Dynamic Stability Characteristics of Airplanes

and Control Systems. University of Kansas, Lawrence,

Kansas, May 1973.

12.4

|

|

|

m

n

U

|



I

|

B

i

!

|

I
I
!
!
I
I

!
i
!

I

I

I

CHAPTER 13

• l\rul Z%U;, I I_';_

13.1 Introduction

A new input methodology has been incorporated into the present

Stability and Control computer program in an attempt to increase pro-

gram versatility and reduce input errors. Essentially, the input

format has been changed from one relying on formatted lines or cards

of input numbers to one relying on Fortran namelist input. The

features of namelist input which make it attractive include:

a. Variables within a namelist may be in any order.

b. Variables are not restricted to particular card columns.

c. Only required variables need be included in a namellst thus

avoiding the use of dummy variables.

d. A variable may be included more than once within a namelist

where the last value to appear is used.

Other changes which have been incorporated include:

a. The entire input function (except one plain-language identi-

fication line) and echo function has been concentrated into

an added Subroutine INPUT. Prior to this change many read

statements appeared in the main (executive) program as well as

in several subroutines.

b. Every input variable is now echoed depending on appropriate

(input) control variables. Prior to this change, some input

variables could not be verified since they never appeared in

the computer output.

c. Vehicle geometric specifications have been reduced to a minimum.

Prior to this change, it was possible to overspecify the vehicle's

configuration or to input conflicting dimensions.

13 .i



d. Standard Day atmospheric data may be incorporated by specifying

the altitude of interest. Non-Standard Day data is also provide_

for as user inputs. Prior to this change, the user was required

to compute and input values for density, kinematic viscosity,

and Machnumber based on altitude and true airspeed.

13.2 Input Data File Structure

A detailed description of the input data file structure is included

with the User's Manual. In the present version of the computer program,

data are input in the following order:

L.

a. Plain-language identification line. This line is read in the

main (executive) program and, if an End-Of-File indication is

sensed, terminates program execution.

b. Namelists INCTL, INATOI, and INKTOZ are all read (in order) in

Subroutine INPUT. All input data are read via these 3 name-

lists. In order to ease transportability to different computer

systems, input pointer controls are not utilized. Hence, users

should include the 3 namelists in the order specified with at

least one (dummy) variable included in each namelist.

An example of an input deck to include the details of paragraph

b above is included in the User's Manual.

13.3 Subroutine INPUT

With the exception of the single, plain language identification line,

all data are input and echoed via this subroutine. This routine is

called only once and only by the main program for each set of data. Only

3 variables are initialized to zero prior to data input: NANLYS, which

I

!
t

is used within the dynamic stability routine to signal a requirement for
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a sensitivity analysis (as well as indicate the number of derivatives

to be analyzed) is set to zero prior to reading data in order to pre-

clude a conflicting signal to be sensed in the dynamic stability

routine. RHO and TEM?, optional inputs which signal nonstandard atmos-

pheric conditions, are set to zero to preclude erroneous flight conditions-

from being analyzed. _,,_ennot input, standard day values are computed

in Subroutine ATMOS based on the input ALT.

A simplified flowchart of Subroutine INPUT is presented as Figure

11.13.1.

13.4 Subroutine ATMOS

This subroutine was added to the present computer program as part

of the input methodology. It is called only once and only by Subroutine

INPUT.

Required inputs to this subroutine are altitude in ft (ALT) and

true airspeed in ft/sec (TAS). If the density RH0 is input greater

than .0001 slugs/ft 3, this value is used instead of being computed.

If ALT is input greater than 65,617 ft, the value for pressure

(PRESS) is returned equal to -i, and acts as an error signal.

This subroutine computes standard day characteristics for a tropo-

sphere from sea level to 36,089 ft and presumes th_ stratosphere to

extend to 65,617 ft. Presumed sea level values are

T = 518.69°R
o

Po = 2116.2 ibf/ft 2

O ° = .0023769 slug/ft 3

a = 1116.4 ft/sec
o

13.3



START

NANLYS --

RHO=_.

TEMP = ¢.

/_o__oz/
1

Output Msg

Call ATMOS-g

< --.5

--.5

(Read the control variables identified for

namelist INCTL in Table 3.1 of the User's

Manual)

(Read all other variables whose names begin

with letters A through I identified in Table

3.2 of the User's Manual)

(Read all other variables whose names begin

with letters K through Z identified in Table

3.2 of the User's Manual)

(Cases Computed)

LI0 = 0

Msg (LI0 set = 0)
]

Call PLANFM-_

1
Compute geometric parameters

ELHT, ELINC, ELTH," LNO, LV, SAN,

and SWFSW which were (in the

previous computer program) ori-

ginally used as inputs

/chohelnpusbasedon/controls specified in INCTL

and variables ENP and NTYE

Retu o)

Input ALT and TAS with options RHO

and TE_. Compu'te RHO and TE_rP (if

not input) as well as PRESS, VISCOS,

and EM (Mach). If ALT exceeds 65617

ft, PRESS is returned as -I. (error

signal)

>PLANFM called 3 times to compute

planform characteristics of the wing,

horizontal tail, and vertical tail

Figure 13.1 Flowchart of Subroutine INTUT

l

,1

!

I

i

I

!

I

I

l
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_,....,.- _-, (_x"r'r') .c ":re, r_c_ _.-

T/T ° = 8 = i. - (6.87 x 10 -6 )(h)

P/Po = _ = 85"2559

P/Po = o = 6/8 = 64.2559

For 36,089 ft < h < 65,617 ft,

T ffi 390°R

T/T = B = .7518942
o

P/Po " 6 = .2234 e (4.806 x I0-5)(36,089 - h)

o

Once T, 0, and p have been obtained,

a = a /_ -
o

(13.1)

(13.2)

(13.3)

(13.4)

(13.5)

(13.6)

(13.7)

M ffiVTAS/a (13.8)

13.5 Subroutine PLANFM

This subroutine was added to the present computer program as part

of the input methodology. It is called three times by Subroutine IETUT

to compute planform parameters for the wing, horizontal tail, and vertical

tail. It is also called once by Subroutine CYBETA to compute vertical

tail planform parameters locally.

Inputs to this routine include 4 independent parameters to specify

_the planform and one spanwise variable to indicate the position of a

wing chord of interest. Figure 13.2 depicts the following input and

output parameters:

13.5
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Figur e 13.2 Planf orm Parameters
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INPUT: S = total planform area in ft 2

A = aspect ratio

k = taper ratio

Ac/4 = quarter chord sweep angle in degrees

y' = spanwise location of a chord of interest measured

from the root chord in ft.

OUTPUT: C = root chord in ft
r

C = tip chord in ft
t

c = mean aerodynamic chord in ft

Ymac = spanwise location of _ from the root chord in ft.

XLE = longitudinal distance from the apex to the leading

edge of _ in ft

c' = chord length at a spanwise distance y' from the root

6

chord in ft

|

|

b = span of the planform in ft

ALE = leading edge sweep angle in radians

The relationships used to derive the output parameters are taken from

Reference 13.1 with the exception of c', which is obtained by inspection.

Ac/_(rad) = Ac/4(deg) z/180 (13.9)

+I i-At (13 .i0)

tan-i Ft 4 1 - k 7
ATE = t. an ALE - _'(_-==_-_)J

• b = 4($3(A) (13.123

Cr ffiA(I + k) (13.13)

(13.11)

|

!
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C : IC (13.14)t r

13.6

13.1

2 I+_+_

_=_Cr l+X (13.15)

b (I + 2_Ymac = 6 i +- ")
(13.16)

_E = Ymac tan ALE
(13.17)

c' = Cr + y'(tan ATE - tan ALE)
(13.18)

REFERENCES

Hoak, D.E. &

Finck, R.D.

USAF Stability and Control DATCOM. Flight

Control Division, Air Force Flight Dynamics

Laboratory, Wright-Patterson Air Force Base,
Ohio.
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CHAPTER "l&

A considerable amount of effort has been expended to increase

the versatility and utility as well as to identify and correct computa-

tional errors in a stability and control program originally developed

between May 16, 1976 and May 31, 1978 at the University of Kansas under

NASA contract NSG-2145. The present effort has resulted in numerous

and extensive changes to the computer program.

While most of the program, with the exception of the Inertia

routine, has been changed to some extent, the most extensive changes

were incorporated in the main (executive) program and those _abroutines

associated with power effects and static longitudinal stability deri-

vatives. Also, the entire input methodology was changed from one dependent

on formatted data cards to one based on Fortran namelist input. A detailed

explanation of the new input logic is included in a new User's :!anual

under separate cover.

In general, it is felt that the present computer program represents

a much more versatile tool than its predecessor since it should prove to

be significantly easier to implement. This result is achieved by reducing

the level of computational compl_xity required to develop necessary input

data such as CL , % , redundant planform parameters, and certain conflg-
o o

uration-dependent descriptive parameters. Likewise, the characteristics

of Fortran namelists eliminates the requirement to duplicate an entire

input data deck for each consecutive investigation, and the zore complete

echo format incorporated into the new Subroutine INP5"_ allows the user to

verify all input data for each computer run.

14 .i



Furthermore, the corrected documentation reflected in this manual

together with the Fortran XREF(cross referenced listing of variables)

provided under separate cover should facilitate program implementation

considerably. Here, considerable effort was directed toward the veri-

fication and correction of equations as they appeared in the original

documentation as well as toward the realignment of computer logic to

reflect the documentation. This latter task was complicated to some

extent since the program listings of the original documentation r epre-

.ram

"U

|
sented individual (unintegrated) routines which did not reflect the

significant amount of data which was transferred between routines via

the many common blocks which were added when the individual routines

were integrated into one program. The present computer program reflects

a significant amount of time dedicated towards tracing individual common

block variables throughout the entire program. Typical errors noted were

tail volume coefficients computed Based on erroneous tail arm lengths,

common blocks of varying size in different subroutines, floating point

variables changed to integer variables and vice versa, and variables

appearing in different order in common blocks of the same name.

The present computer program, this documentation, a User's }_nual,

and Fortran XREF listing are submitted with a sincere Belief that most of

the errors of the original program have Been detected and corrected.

While it is inevitable that other errors will be detected and require

correction, it is hoped that the present program represents a significan:

l

step forward in providing the general aviation community with a useful

and easily implementable tool.
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APPENDIX A COHPARISON OF _'._THODS FOR CO:'?UTATION OF GROUND EFFECT.

I This appendix briefly describes the methods used in the comparison

of ground effect calculation methods.

A.I. Cornin$ (Ref. A.I)

A.I.I Description of Method

Corning defines the ground effect factor as:

I
I
I

CL - ACL

KCL = CL - ACL

gE oge

where: = Lift coefficient including flap and

ground effect.

(A.I)

AC L =

CLog e =

Lift coefficient increment due to flaps.

Lift coefficient out of ground effect

(including flap effect).

The lift coefficient in ground effect may then be calculated as:

= ( - AC L) + A CLI CLg e KC L CLoge

ge

(A.2)

| According to Corning, the ground effect factor may he calculated as:

I

|

A.I.2

I

Xc - l.oo5 + [o.oo2n - 0.00o3 ¢_- 3) ] c3
Lge

(A.3)

5.2(l - Xg)where: c 3 = e (A._)

Hand Calculation

H = Altitude/u_ng span (A.5)
g

Following is a hand calculation of the Corning Method for Airplane A,

see Appendix C for data.

| A.I



The computations are for the following flight conditions:

CL = .96

a = 4.9 (deg)

A CLf = 0.46

_f = 38 (deg)

The calculation of the ground effect as a function of height is given in

Table A.i.

g

Height (ft)

30

25

20

15

I0

7.5

5

2.5

H/b CL & _ (%)
KCL ge

ge

0.787 1.009 0.965 0.5

0.656 1.013 0.967 0.7

0.525 1.020 0.970 1.0

0.393 1.035 0.978 1.9

0.262 1.065 0.993 3.4

0.197 1.089 1.005 4.7

0.131 1.123 1.022 6.5

0.066 1.232 1.076 12.1

Table A.I: Calculation of Ground Effect for Corning Method

A.2 PERKINS AND HAGE METHOD (Ref. A.2)
. " /

A.2.1 DESCRIPTION OF METHOD ...........:

This change in wing-lift is brought about by a change in Zhe wine - _.,_,_

lift-curve slope. Figure A.I shows the effect of ground proximity on wine

lift curve slope. The factor k is the ratio of wing lift-curve slope in

ground effect to the slope out of ground effect. Height is given by the

height of the root quarter chord in semispans.



B

H i=o[

1.12

i
!

I

! !

0 .2 o4 .6 .3 1.0 1.2 1.4 1.6 l.a
. d....._e

b/2

! Figure A.I: Effect of Ground Prox1_:tty on Nine Lift-Curve Slope

I

!

I

The change in wing angle of attack due to the ground effect may be approximate"

as:

A a = a - a (A.6)
g oge

• - )or: - i (A.7)
aoge

i Introducing the wing lift curve slope:

(,.o..0I A _ = -
oge CL

"g

m or:

A a = • (i/k - i)

I a oSr
where: CLa

oge

i k = CL
ag

!
I

(A.8)

is given in Figure A.I

(A. 9)

Now that the change in angle of attack is known, the revised lift-coefficient

may be found as shown in Figure A.2.

| A.3



A. 2.2 HAND

The

CALCULATION

following data

IN G.E. / _
/

/

_CL / 1 / OUT OF G.E.

Figure A.2: Ground Effect on Lift-Curve

are available for Airplane A (see appendix D)

C L = 0.96 (At V = 1.3 V s)

CL = 4.870 rad -1

oge

The factor k is found

in Table A.2.

from Figure A.I. The calculations are given

_k

%.

c_

%.

L

|

|

E

m

i

Height (ft) h_b/21 k Aa(deg) CL AC L (%)

30 1.57 1.014 -0.16 0.974 1.4

25 1.31 1.021 -0.23 0.980 2.0 l

20 1.05 1.029 -0.32 0.987 2.8

15 0.79 1.040 -0.43 0.997 3.8

i0 0.52 1.065 -0.69 1.019 6.1 I

7.5 0.39 1.082 -0.86 1.033 7.6

5 0.26 1.116 -1.17 1.059 10.4

Table A.2: Calculation by Perkins and Hage _[ethod

A.4



A.3. DATCOM _ETHOD (Reference A.3)

A.3.1 DESCRIPTION OF _THOD

This method takes into account the effect of the image trailing

vortex, of the image bound vortex and of the wing flap. The change in

wing-body angle of attack at a constant lift coefficient due to ground

|

i (CLf)wBr (CLa)wB

effect with respect to the out of ground effect lift curve is given by:

i where:

(Cef)

x

I (C L ) "

aWB

-- -- 1

L o

I r

I A CAcL)
flap

!

l A. 3.2 HAND CALCULATION

(A.lo)

l

i

is the wing-body lift coefficient including flap

effects, out of ground effect.

accounts for the effect on lift due to the image

trailing vortex, and is obtained fa0_ Figure A.3.

is the wing-body lift-curve slope, per degree out

of ground effect.

accounts for the effects on lift due to the image

bound vortex, obtained from Figure A.4.

accounts for the effect of finite span,is obtained
from Figure A.5.

is an empirical factor to account for the effect of

flaps and is obtained from Figure A.6.

For A/rplane A (See Appendix C) the following flight condition was

computed:

6f = 38 deg

For the sake of simplicity, H (Height of quarter chord point of wing mac

above ground), h c / 4 (height of quarter chord point of wing root chord
T

above ground and h (average height of quarter chord point at 75% of wing

span and of root chord) are assumed to have the same (variable) value.

A. 5
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Figure A.3: Effect of Trailing Vortex on Lift in Ground Effect
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Table A.3 shows the calculations.

Height ! h/c r . h/b/2 x _ - 1 r A(ACL) f

(ft) L°

25 2.77 1.31

20 2.22

15 i.66

i0 I.ii

5 0.55

3 0.33

& ag CL A CL %

0.96 0

1.05 0.08 -0.06 0.40 0 0.5 0.92 -4.2

0.79 0.14 -0.06 0.48 0 -0.22 0.941 -2.0

0.52 0.25 -0.04 0.61 0 -0.60 1.011 5.3

0.26 0.49 +0.03 0.77 -0.045 -1.72 1.106 15.2

0.16 0.64 +0.145 0.86 -0.075 -2.98 1.213 26.4

Table A.3: Calculation of Datcom Method.

A.4. TORENBEEK F_T}IOD (Reference A.*)

A.4.1 DESCRIPTION OF 5_THOD

A description of this method is given in Chapter 4.

A.4.2 _END CALCULATION

A hand calculation was done for Airplane A (See Appendix D) for the

following conditions:

CL = 0.96
oge

Cflap = 2.326 ft.

_f = 38 deg

Calculations are given in Table A.4.

A._

d
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q
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Height 2heff/b h/cg B _ CL A CL
ft %

45

40

35

30

25

20.

15

i0

5

3

2.32 6.53

2.06 5.80

1.80 5.08

I. 54 4.35

0.206 0.0088 0.960 0.03

0.230 0.0133 0.961 0.ii

0.259 0.0203 0.962 0.24

0.296 0.0316 0.964 0.46

0.346 0.0508 0.968 0.84

0.411 0.0822 0.974 1.48

0.500 0.1369 0.985 2.57

0.624 0.2384 1.003 4.51

0.804 0.4606 1.046 8.92

0.887 0.6147 1.094 13.94

1.27 3.63

1.01 2.90

0.75 2.18

0.49 1.45

0.22 0.73

0.12 0.44

!

!

!

I

I

|.
f,

1

t

Table A.4: Calculation of Torenbeek Method.

A.5 CONCLUSIONS

Figure A.7 shows the results of the calculations in this appendix.

The general trend for all four methods is the same although the datcom

method shows a rather large deviation from the other three. Also the

datcom method is the most complicated method, it involves the use of.

four graphs. The simplest method is the Corning method, as it only involves

two formulas. Next comes the Perkins and Hage Method, this involves the

use of one graph. Hard data on ground effect for general aviation are rare.

Since the method of Torenbeek is based on a sound theoretical principle

(an image vortex system) it was decided to use this method.

A._
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APPENDIX B

FUNCTION RDP - A FUNCTION SUB-PROG_q4 FOR INTERPOLATING

CURVES AND GP=LPHS

B.I INTRODUCTION

Function RDP was written to provide a program which would

interpolate along curves, between curves, and between graphs for

arbitrary curves and graphs. RDP requires the input of a number

of points along the curves; the points are used in conjunction with

the Lagrangian interpolating polynomial to interpolate along the

curves. RDP interpolates linearly between curves and graphs. If

Lagrangian interpolation is needed in interpolating between curves

and graphs, RDP can be called more than once, using only the

Lagrangian part.

RDP can be used for any number of curves and graphs; from

one curve on one graph to "n" curves per graph and "m" graphs.

RDP was checked out quite extensively. The initial checks

and those done when RDP was called in a subroutine indicate that

RDP works quite well.

B.2 DESCRIPTION OF THE PROGRAH AND LISTING

RDP is a Function, called in the form:

B = RDP (U, V, W, JK, IJ, KL, I_I. D-U, W, WW, DD)

where:

U

V

W

is the numerical value of graph parameter

is the numerical value of curve parameter

is the numerical value of X-coordinate

parameter

B.I



JK

IJ

KL

LM

is the number of graphs

ms the number of curves per "graph

ms the number of data points (X,Y pairs)

mnput per curve

zs the number of rows in the DD array

T
i

UU

VV

WW

DD

ms the array of actual graph parameters

ms the array of actual curve parameters

ms the array of X-coordinates at which

Y-values were taken

is the array of Y-values in the form:

DD -

1

GRAPH #1 . I

KL

KL+ I

GRAPH #2 1

2KL

2KL+I

GRAPH #JK " J
T

JK*KI

CURVE #1 CURVE #2

- ! !

, J
DD1,1 j t

• I I

DDKL, I" 1 J

L I

I I
l

I

I I

j J

I I
t.... 1 r
I I I

I I I

I .I I
I I I

I I i

CI_VE #IJ
!

' "1
I DDI,IJ

' I "J

I DDKL, IJ

I
J
J
l
I

NOTE: These are listed in the calling statement as numbers.

Example: B = RDP (U, V, W, i, i, 4, 4, D-U, VV, WW)

where: JK = IJ = 1

KL=LM= 4

The other variables are initialized by data statements in the

main program.

B.2

.I

J

l

I

I



J

]

I
]

]
]
I
I
|
I
!
I
i

!
|
!
|

|

APPENDIX C

DATA FOR TEST-A!P.Ph.\NES

This Appendix presents data for a variety of airplanes that

were used for checking the subrQutines discussed in the foregoing

chapters. The example airplanes range from a small single engine

high-wing propeller-driven trainer airplane to a twin jet-engine

business airplane. The data were assembled from a variety of sources.

Also included in this Appendix are three-views of the aircraft

considered.

C.I



°

© C>

Figure C.1: Threevlev of Airplane A
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g

TABLE C.i. A!RPL._ DATA

WING A B C D Dimension

8

g
g
I
I
I
!1
I
g
i

I
i

AR 5.74 7.72 7.27 5.08
w

b 38.13 36.75 35 .98 26.25
%1

C£ 6.131 5.443 5.44 6. 709
Q

1,7

E 6.896 4.91 4.96 5.4
%1

c 5.58 6.0
x

c 4 3.32
t

(c x) 9.02 5.81 6.39 7.06
C.L.

i 1.5 2
W

£E/4w e. 66 9.13 9.37

S 253.3 175 178 135.62

Z 1.61 -2.9 -.02 4.44
w

-i -i. 8 -3. I
O
%1

r 2.5 5 -6.4
w

A_/4 13 -3 -2.5 15.5
w

.564 .727 .513 .465
W

ft

tad -I

ft

ft

ft

ft

deg

ft

ft 2

fn

dee

deg

deg

l HOR. TAIL A B C D Dimension

ARH 4 3.61 4.8 4.64

b H 14.7 13 12.5 12.99

C£ 6.303 6.254 6.25 6.245

a H

C.5

ft

tad -I



TABLEC.I. AI_LANE DATA

HOR. TAIL A B C D Dimension

(Cont'd)

_H 3.83 3.605 2.7 2.94 ft

(c H) 5 4.58 3.4 3.88 ft
C.L.

hH 8.12 2.34 ft

' 14.42 13.76 ft
£H

SH 54 46.8 32.55 36.36 ft 2

(tlc)l { .09

1.61 .95 ft
mac

ZH -I .4 ft

a 0 0 0 deg

oH

AE/4 25 0 8 14.33 deg
w

_H .469 .574 .514 .442

_TE 6 deg

D

m

D

!

l

|

!
VERT. TAIL A B C D Dimension

AR V .782 1.32

bv 5.48 5.25

_C£ 6.303 6.245

aV

cv

ft

7.17 4.34 ft

C.6

rad -I

!



TABLE C. 1. AIP_LANE DATA

VERT. TAIL A B C D Dimension

(Cont'd)

|

J
!
I
g
|
|
li
!

(c V ) 8.88 6.07 ft
C.L.

£HV i. 07 3.96 ft

Sv 38.35 20.84 ft 2

(tle)v .i

Zv 5.21 4.3 ft

AE/41 _ 35.63 38.65 deg

_'V .577 .308

CONTRL. SURF. A B C D Dimension

|

!

i

I

|

6A 18 up
max 18 down

6R 30 right
max 30 left

CA/_ w .22

cRI_ v .20

.778
no V

• .544
n_ A

.792
no A

22 up 18 up deg
14 down 14 down

25 right 22 right
25 left 20 left deg

C.7



TABLE C.I. AIRPL-_;E DATA

CNTRL. SURF. A B

(Cont'd).

C D Dimension

iH -8.1 to 1 -3.25

6E -15
rain

_E 15
max

¢E/EH .262

¢gap/_H .005

¢b/Cf .054

Ch/_ B .754

hiE 0

n0E I

CF/_ w .268

N.A, deg

deg

deg

[

1

!

POWER PLAINT A B C D Dimension

b10.3 N.A. .0693 .0693 N.A.

b10.6 N.A. .0820 .082 N.A.

b/0.6 N.A. .0682 .0682 N.A.

D N.A. 6.75 6.0
P

iT -3.5 0

N 2 i 2 1

ft

deg

C.8



TABLEC.1. A I._PL_£ DATA

POWER PLANT

(Cont 'd )

A C D Dimension

g

g
g
g

!
I
I
I!

Nb

YT

ZT

8.75

X'
P

X
nac

X
P

T

N°A. 2

0

-.25

2O

7.68

0

2

5.61

-.869

21.5

6.0

2.6

5.26

965.0

NoA.

ft

ft

deg

ft

ft

| FUSELAGE A B C D Dimension

g £B

Df

V
C

l'l

I

|

|
r

46.19

5.1

5.1

5.1

10.02

26.11

4.7

4.7

4.7

C.9

24.16

4.08

4.08

4.08

9.13

4

30.44

5.56

ft

ft

ft

ft

ft



TABLEC.I. AIRPLANE DATA

MISCELLANEOUS A C Dimension

W
g

Z
S

ZHT

CL

CL .
max

17,000

5.114

1.35

3100 3600

--.8

-1.67

Ibs

ft

tad -I

,'I

I

[

l

I

I

I

l

I

J
'F_ r"l
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APPENDIX D DERIVATION OF CORRECTION FOR THE

The results of a comparison between the lift-curve slope as

calculated with the Polhamus Formula (11.2.1) and the Lifting Surface

Method is shown in Figure DI. To find an approximation for the

error, the graph is split up into two parts, one for aspect ratio

|
lower than 4 and one for aspect ratios higher than 4.

For aspect ratios lower than 4 a linear curve fit was applied

| with the following result:

|
I
l

Error = (1.87 - .42399

where ALE in rad

ALE) _R % %

For aspect ratios greater than 4 also a linear curve fit was

applied, yielding:

(D1)

g Error = (8.2 - 2.30 ALE) - (.22 - .153 ALE) _R % % (D2)

g
g
g
6

Using Formulas (DI) and (D2), the correction factor for the

Polhamus Formula was found to be:

_R < 4 Kpo I = i. + (1.87 - .42399 ALE) _R 1100 (D3)

._R • 4 Kpo 1 = 1. + {(8.2 - 2.30ALE)-(.22 - .153/LLE),aR}/100

(D4)

|

D.1
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Figure D.I: Correction Factor for Liftcurve Slope.
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This report presents the documentation of a computer program for

the analysis of the dynamic stability and control characteristics of

airplanes. The program is specifically _,_itten for conventional con-

figuration subsonic airplanes. This report describes in detail the

theoretical methods used in the programjAthe implementation of the

methods into a computer program %rl _,h=-_a_alt= _=-_:e_z_,_ fez a

._ This report is not a user's manual for the
e m

program. The reader who wishes to utilize the program to analyze a

1
specific design is referred to '_Jser's Manual for KSTAB, A Computer

Program to Analyze the Dynamic Stability Characteristics of Conven-

tionally Configured Subsonic Airplanes," Kohlman Avia'=ion Corporation,

Lawrence, Kansas 66044, February 1982.
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